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Abstract 

This thesis is done in the context of UPMSat-2 project, which is a microsatellite under design 

and manufacturing at the Instituto Universitario de Microgravedad “Ignacio Da Riva” 

(IDR/UPM) of the Universidad Politécnica de Madrid. Application of Concurrent Engineering 

(CE) methodology in the framework of Multidisciplinary Design application (MDO) is one of 

the main objectives of the present work. 

In recent years, there has been continuing interest in the participation of university research 

groups in space technology studies by means of their own microsatellites. The involvement in 

such projects has some inherent challenges, such as limited budget and facilities. Also, due to 

the fact that the main objective of these projects is for educational purposes, usually there are 

uncertainties regarding their in orbit mission and scientific payloads at the early phases of the 

project. On the other hand, there are predetermined limitations for their mass and volume 

budgets owing to the fact that most of them are launched as an auxiliary payload in which the 

launch cost is reduced considerably. The satellite structure subsystem is the one which is most 

affected by the launcher constraints. This can affect different aspects, including dimensions, 

strength and frequency requirements.  

In the first part of this thesis, the main focus is on developing a structural design sizing tool 

containing not only the primary structures properties as variables but also the satellite system 

level variables such as payload mass budget and satellite total mass and dimensions. This 

approach enables the design team to obtain better insight into the design in an extended design 

envelope. The structural design sizing tool is based on the analytical structural design 

formulas and appropriate assumptions including both static and dynamic models of the 

satellite. A Genetic Algorithm (GA) is applied to the design space for both single and 

multiobejective optimizations. The result of the multiobjective optimization is a 

Pareto-optimal based on two objectives, minimum satellite total mass and maximum payload 

mass budget.  

On the other hand, the application of the microsatellites is of interest for their less cost and 

response time. The high need for the remote sensing applications is a strong driver of their 
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popularity in space missions. The satellite remote sensing missions are essential for long term 

research around the condition of the earth resources and environment. In remote sensing 

missions there are tight interrelations between different requirements such as orbital altitude, 

revisit time, mission cycle life and spatial resolution. Also, all of these requirements can affect 

the whole design characteristics.  

During the last years application of the CE in the space missions has demonstrated a great 

advantage to reach the optimum design base lines considering both the performance and the 

cost of the project. A well-known example of CE application is ESA (European Space 

Agency) CDF (Concurrent Design Facility). It is clear that for the university-class 

microsatellite projects having or developing such a facility seems beyond the project 

capabilities. Nevertheless practicing CE at any scale can be beneficiary for the university-

class microsatellite projects.  In the second part of this thesis, the main focus is on developing 

a MDO framework applicable to the conceptual design phase of the remote sensing 

microsatellites. This approach enables the design team to evaluate the interaction between the 

different system design variables. The presented MDO framework contains not only the 

system level variables such as the satellite total mass and total power, but also the mission 

requirements like the spatial resolution and the revisit time. The microsatellite sizing process 

is divided into the three major design disciplines; a) orbit design, b) payload sizing and c) bus 

sizing. First, different mission parameters for a practical range of sun-synchronous orbits    

(SS-Os) are calculated. Then, according to the orbital parameters and a reference remote 

sensing instrument, mass and power of the payload are calculated. Satellite bus sizing is done 

based on mass and power calculation of the different subsystems using design estimation 

relationships. In the satellite bus sizing, the power subsystem design is realized by considering 

more detailed design variables including a mission scenario and different types of solar cells 

and batteries. The mission scenario is selected in order to obtain a coverage belt on the earth 

surface parallel to the earth equatorial after each revisit time. In order to evaluate the 

interrelations between the different variables inside the design space all the mentioned design 

disciplines are combined in a unified code. The integrated satellite system sizing tool 

developed in this section is considered as an application of the CE to the conceptual design of 

the remote sensing microsatellite projects. Finally, in order to apply the MDO methodology to 

the design problem, a basic MDO framework is adjusted to the developed satellite system 

design tool. Design optimization is done by means of a GA single objective algorithm with 

the objective function as minimizing the microsatellite total mass. According to the results of 

MDO application, there exist different optimum design points all with the minimum satellite 

total mass but with different mission variables. This output demonstrates the successful 

applicability of MDO approach for system engineering trade-off studies at the conceptual 

design phase of the design in such projects. 



 

4 

 

The main conclusion of this thesis is that the classical design approach for the satellite design 

which usually starts with the mission and payload definition is not necessarily the best 

approach for all of the satellite projects. The university-class microsatellite is an example for 

such projects. Due to this fact an integrated satellite sizing tool including different design 

disciplines focusing on the structural subsystem and considering unknown payload is 

developed. According to the results the satellite total mass and available mass for the 

unknown payload are conflictive objectives. In order to find the Pareto-optimal a 

multiobjective GA optimization is conducted. Based on the optimization results it is 

concluded that selecting the satellite total mass in the range of 40-60 kg can be considered as 

an optimum approach for a university-class microsatellite project with unknown payload(s). 

Also, the CE methodology is applied to the remote sensing microsatellites conceptual design 

process. The results of CE application provide a clear understanding of the interaction 

between satellite system design requirements such as satellite total mass and power and the 

satellite mission variables such as revisit time and spatial resolution. The MDO application is 

done with the total mass minimization of a remote sensing satellite. The results from the 

MDO application clarify the unclear relationship between different system and mission design 

variables as well as the optimum design base lines according to the selected objective during 

the initial design phases.  
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Resumen 

Esta tesis se ha realizado en el contexto del proyecto UPMSat-2, que es un microsatélite 

diseñado, construido y operado por el Instituto Universitario de Microgravedad "Ignacio Da 

Riva" (IDR / UPM) de la Universidad Politécnica de Madrid. Aplicación de la metodología 

Ingeniería Concurrente (Concurrent Engineering: CE) en el marco de la aplicación de diseño 

multidisciplinar (Multidisciplinary Design Optimization: MDO) es uno de los principales 

objetivos del presente trabajo.  

En los últimos años, ha habido un interés continuo en la participación de los grupos de 

investigación de las universidades en los estudios de la tecnología espacial a través de sus 

propios microsatélites. La participación en este tipo de proyectos tiene algunos desafíos 

inherentes, tales como presupuestos y servicios limitados. Además, debido al hecho de que el 

objetivo principal de estos proyectos es fundamentalmente educativo, por lo general hay 

incertidumbres en cuanto a su misión en órbita y cargas útiles en las primeras fases del 

proyecto. Por otro lado, existen limitaciones predeterminadas para sus presupuestos de masa, 

volumen y energía, debido al hecho de que la mayoría de ellos están considerados como una 

carga útil auxiliar para el lanzamiento. De este modo, el costo de lanzamiento se reduce 

considerablemente. En este contexto, el subsistema estructural del satélite es uno de los más 

afectados por las restricciones que impone el lanzador. Esto puede afectar a diferentes 

aspectos, incluyendo las dimensiones, la resistencia y los requisitos de frecuencia. 

En la primera parte de esta tesis, la atención se centra en el desarrollo de una herramienta de 

diseño del subsistema estructural que evalúa, no sólo las propiedades de la estructura primaria 

como variables, sino también algunas variables de nivel de sistema del satélite, como la masa 

de la carga útil y la masa y las dimensiones extremas de satélite. Este enfoque permite que el 

equipo de diseño obtenga una mejor visión del diseño en un espacio de diseño extendido. La 

herramienta de diseño estructural se basa en las fórmulas y los supuestos apropiados, 

incluyendo los modelos estáticos y dinámicos del satélite. Un algoritmo genético (Genetic 

Algorithm: GA) se aplica al espacio de diseño para optimizaciones de objetivo único y 

también multiobjetivo. El resultado de la optimización multiobjetivo es un Pareto-optimal 
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basado en dos objetivo, la masa total de satélites mínimo y el máximo presupuesto de masa de 

carga útil. 

Por otro lado, la aplicación de los microsatélites en misiones espaciales es de interés por su 

menor coste y tiempo de desarrollo. La gran necesidad de las aplicaciones de teledetección es 

un fuerte impulsor de su popularidad en este tipo de misiones espaciales. Las misiones de 

tele-observación por satélite son esenciales para la investigación de los recursos de la tierra y 

el medio ambiente. En estas misiones existen interrelaciones estrechas entre diferentes 

requisitos como la altitud orbital, tiempo de revisita, el ciclo de vida y la resolución. Además, 

todos estos requisitos puede afectar a toda las características de diseño. 

Durante los últimos años la aplicación de CE en las misiones espaciales ha demostrado una 

gran ventaja para llegar al diseño óptimo, teniendo en cuenta tanto el rendimiento y el costo 

del proyecto. Un ejemplo bien conocido de la aplicación de CE es la CDF (Facilidad Diseño 

Concurrente) de la ESA (Agencia Espacial Europea). Está claro que para los proyectos de 

microsatélites universitarios tener o desarrollar una instalación de este tipo parece estar más 

allá de las capacidades del proyecto. Sin embargo, la práctica de la CE a cualquier escala 

puede ser beneficiosa para los microsatélites universitarios también. En la segunda parte de 

esta tesis, la atención se centra en el desarrollo de una estructura de optimización de diseño 

multidisciplinar (Multidisciplinary Design Optimization: MDO) aplicable a la fase de diseño 

conceptual de microsatélites de teledetección. Este enfoque permite que el equipo de diseño 

conozca la interacción entre las diferentes variables de diseño. El esquema MDO presentado 

no sólo incluye variables de nivel de sistema, tales como la masa total del satélite y la 

potencia total, sino también los requisitos de la misión como la resolución y tiempo de 

revisita. El proceso de diseño de microsatélites se divide en tres disciplinas; a) diseño de 

órbita, b) diseño de carga útil y c) diseño de plataforma. En primer lugar, se calculan 

diferentes parámetros de misión para un rango práctico de órbitas helio-síncronas (sun-

synchronous orbits: SS-Os). Luego, según los parámetros orbitales y los datos de un 

instrumento como referencia, se calcula la masa y la potencia de la carga útil. El diseño de la 

plataforma del satélite se estima a partir de los datos de la masa y potencia de los diferentes 

subsistemas utilizando relaciones empíricas de diseño. El diseño del subsistema de potencia se 

realiza teniendo en cuenta variables de diseño más detalladas, como el escenario de la misión 

y diferentes tipos de células solares y baterías. El escenario se selecciona, de modo de obtener 

una banda de cobertura sobre la superficie terrestre paralelo al Ecuador después de cada 

intervalo de revisita. Con el objetivo de evaluar las interrelaciones entre las diferentes 

variables en el espacio de diseño, todas las disciplinas de diseño mencionados se combinan en 

un código unificado. Por último, una forma básica de MDO se ajusta a la herramienta de 

diseño de sistema de satélite. La optimización del diseño se realiza por medio de un GA con 

el único objetivo de minimizar la masa total de microsatélite. Según los resultados obtenidos 

de la aplicación del MDO, existen diferentes puntos de diseños óptimos, pero con diferentes 
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variables de misión. Este análisis demuestra la aplicabilidad de MDO para los estudios de 

ingeniería de sistema en la fase de diseño conceptual en este tipo de proyectos. 

La principal conclusión de esta tesis, es que el diseño clásico de los satélites que por lo 

general comienza con la definición de la misión y la carga útil no es necesariamente la mejor 

metodología para todos los proyectos de satélites. Un microsatélite universitario, es un 

ejemplo de este tipo de proyectos. Por eso, se han desarrollado un conjunto de herramientas 

de diseño para encarar los estudios de la fase inicial de diseño. Este conjunto de herramientas 

incluye diferentes disciplinas de diseño centrados en el subsistema estructural y teniendo en 

cuenta una carga útil desconocida a priori. Los resultados demuestran que la mínima masa 

total del satélite y la máxima masa disponible para una carga útil desconocida a priori, son 

objetivos conflictivos. En este contexto para encontrar un Pareto-optimal se ha aplicado una 

optimización multiobjetivo. Según los resultados se concluye que la selección de la masa total 

por satélite en el rango de 40-60 kg puede considerarse como óptima para un proyecto de 

microsatélites universitario con carga útil desconocida a priori. También la metodología CE se 

ha aplicado al proceso de diseño conceptual de microsatélites de teledetección. Los resultados 

de la aplicación del CE proporcionan una clara comprensión de la interacción entre los 

requisitos de diseño de sistemas de satélites, tales como la masa total del microsatélite y la 

potencia y los requisitos de la misión como la resolución y el tiempo de revisita. La aplicación 

de MDO se hace con la minimización de la masa total de microsatélite. Los resultados de la 

aplicación de MDO aclaran la relación clara entre los diferentes requisitos de diseño del 

sistema y de misión, así como que permiten seleccionar las líneas de base para el diseño 

óptimo con el objetivo seleccionado en las primeras fase de diseño. 
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a Orbit semi major axis 

Ab Equal leg angles L-bar cross section area   
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CL Cycle life 

Cr Battery required capacity 

db
 Leg length of equal leg angles L-bar 

DAB Distance between trays A and B 
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Flong/late Longitudinal or lateral forces 

Fr Reduction factor  
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GSD Ground sample distance 

h Orbit altitude 

hp Distance between two parallel side panels  

i Orbit inclination 

Im Satellite moment of inertia  

Ix Satellite model second moment of area 
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Ixb Second moment of area for equal leg angles L-bar 

J2 Zonal coefficient equal to 0.00108263 

kbj Equivalent lateral stiffness of equal leg angles L-bar, j=5,6,7 

kc  Buckling coefficient 

kspj Equivalent lateral stiffness of side panel, j=5,6,7 

k1 Equivalent longitudinal stiffness of launcher adaptor 

ki Equivalent longitudinal stiffness of the satellite between each two trays, 

i=2,3,4 

kφ Equivalent rotational stiffness of launcher adaptor 

kj Equivalent lateral stiffness of the satellite between each two trays, j=5,6,7 

lb Length of equal leg angles L-bar between each two trays 

lsp Length of side panel between each two trays 

lXY Satellite dimension in XY direction 

L´ Effective length for equal leg angles L-bar 

lZ Satellite dimension is in Z direction 

mj Concentrated mass on trays A, B, C & D respectively, j=1,2,3,4 

mc Satellite total mass calculated by structure sizing tool 

mi Initial mass introduced to structure sizing tool 

minit Initial mass introduced to the satellite sizing tool 

msat Satellite total mass 

ML Mission life 

Mmax Maximum bending moment 

n Mean motion of the orbit 

nlong/late Longitudinal or lateral load factors (launcher accelerations) 

Pav Satellite average power 

Pav-i Initial introduced average power 

Pd Power required by satellite during orbit daylight 

Pe Power required by satellite during eclipse 

Pcr Critical buckling load  

Psa Power required from solar arrays during daylight 

Psa-1 Power required from solar arrays during daylight according to Pav-i 

Psa-2 Satellite power consumption during one CL 

q Lateral uniform load distribution 

Q Satellite model first moment of area 

R Number of full revolutions of satellite around the earth during RT 

Re Earth equatorial radius 

RT Revisit time 

SCtype Solar cell type 
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 ̅ Equivalent weight thickness for equal distribution rib and skin material in an 

isogrid plate 

tb Leg thickness of equal leg angles L-bar  

tCOM Communication duration per orbit 

Td Orbit daylight duration 

Te Eclipse duration 

tiso Isogrid plate skin thickness 

TO Orbit period 

tPL Remote sensing mission duration per orbit 

tsp Side panel thickness 

Xb-l Power transmission efficiency from batteries to loads 

Xd Power transmission efficiency from solar arrays to loads 

Xe Power transmission efficiency from solar arrays to batteries and then to loads 

α Structure mass budget 

β Payload mass budget 

βsun Sun angle 

Ɵr Angular resolution 

λ Wave length of the electromagnetic spectrum 

υ Poisson’s ratio 

ρ Density 

σ Shear strength 

τ Tensile yield strength 

σcr Critical buckling stress for side panels 

σmax Maximum normal stress 

τmax Maximum shear stress 

Ω′ rate of change in the longitude of ascending node  

 

 

 

Acronyms     

 

AM Ante Meridiem 

CE Concurrent Engineering 

DSS Design Search Space 

Ga-As Gallium Arsenide 

LEO Low Earth Orbit 

Li-Ion Lithium Ion 

MDO Multidisciplinary Design Optimization 
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Ni-Cd Nickel Cadmium 

Ni-H2 Nickel Hydrogen 

PM Post Meridiem 

RAAN Right Ascension of Ascending Node 

Si Silicon 

SS-O(s) Sun-synchronous Orbit(s) 
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Introduction 

The ongoing interest of universities in microsatellite projects is a testament to their success in 

delivering results [1]. From 1981, the launch date of the first university-class microsatellite, 

named UoSAT-1, developed by University of Surrey [2], until 2005, more than 60 satellite 

projects have been conducted at universities [3], and more than 70% of these projects are 

included in the microsatellite class whose total mass is between 10-100 kg. Also, based on the 

experiences of university-class microsatellite projects in different countries, it can be 

concluded that with these projects most of the basic and necessary infrastructures for space 

research and technology programs are obtained [1, 4-8]. 

This thesis is done in the context of the UPMSat-2 project, which is a microsatellite under 

design and development at the Instituto Universitario de Microgravedad “Ignacio Da Riva” 

(IDR/UPM) of the Universidad Politécnica de Madrid. This project is a part of the IDR/UPM 

space research activities and is based on the previous experience of the UPMSat-1 

microsatellite project launched on July 7, 1995 by Ariane IV [8-10].  

University projects usually encounter challenges such as limited budget and facilities. To this 

end, applying simple design methods which can reduce the total cost of the project as well as 

its dependency on the industrial facilities outside of the university is important. The 

opportunity of being launched as an auxiliary payload is one of the important strategies which 

effectively reduces the whole cost of these projects. On the other hand, this choice dictates 

some constraints to the design. These constraints are related to the allocation of limited mass 

and volume for the whole satellite, as well as specific strength and frequency requirements. 

Besides fulfilling the abovementioned requirements, an optimized design considering single 

objective or multiobjectives criteria is always required. The application of optimization 

techniques to aerospace design has a history of more than three decades.  

In [11] Sobieszczanski- Sobieski, J. and Haftka, R.T., the evolution of multidisciplinary 

aerospace design optimization over the last few decades is reviewed. According to their 

findings, it can be concluded that there is much more progress in the optimization area of 

aircrafts compared to that of spacecraft design. This may be the result of complexity and 
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interdisciplinary characteristics of spacecraft design. These characteristics have given rise to 

the fast-growing field of Multidisciplinary Design Optimization (MDO) method. In [12] 

Mosher, T., has investigated selected multidisciplinary design optimization algorithms for 

conceptual spacecraft design. In his research, both classical and evolutionary optimization 

methods applicable to the spacecraft conceptual design problem are introduced. In [13] from 

Grooms, H. R. et al, an approach to spacecraft structural optimization considering system 

level considerations, such as the ease and availability of structure elements which not only 

affect the structural optimization, but the characteristics of the spacecraft as a whole, is 

presented.  

By reviewing these works written in the field of structure and design optimization, it can be 

seen that structural design plays an important role in developing an optimum spacecraft 

design. Furthermore, the main subsystem which is affected by launcher constraints is the 

structure subsystem. Thus, having a comprehensive insight into the structural design is useful 

at the early phases of the design.   

Although the main objective of university-class microsatellite projects is educational 

purposes, the other application which is of interest in recent years for such projects is remote 

sensing missions. The growing demand for the remote sensing missions has enabled the 

microsatellites to play an important role in the space technology applications. Microsatellites 

with their lower cost and less design time compared to the big conventional satellite projects 

are promising for LEO (Low Earth Orbit) remote sensing applications [14-19]. During the last 

decades, there has been a vast progress in the development of advanced technologies for 

microsatellites. These achievements resulted into the microsatellites competitive application 

for different space missions which remote sensing application is considerable among them 

[20-22].  

 

Objectives of the present research work 

The classical design flow for the satellite design usually starts with the mission definition. On 

the other hand one of the constraints in the university-class microsatellites is the uncertainty 

about the payload and mission at the early stages of the design. In these projects the main 

objective is for educational purposes and usually there is not any defined payload or mission 

requirements. This constraint limits the design team in such projects in order to use classical 

satellite system sizing tools. Also, the design baselines such as the satellite total mass and the 

satellite dimensions are required to be defined at the early phases of the project. But these 

questions may come to one’s mind: Are these design baselines are the optimal ones? How we 
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can define an optimum system while there are major uncertainties in the interacting 

subsystems? The answer of these questions is not so easy but what about this question: “What 

will happen if we want to change the design baselines in the advanced phases of the project?” 

The answer is easy then: “In the satellite projects while we advance in different phases, 

applying changes and modifications to the previous design baselines means cost and time.” 

As the first objective of the present thesis, considering the constraints of the university-class 

microsatellite projects, a satellite structural sizing tool is developed. The developed sizing tool 

is based on analytical formulas which make it reliable and fast. In order to search for the 

optimum design baselines like minimum total mass and maximum available mass for 

unknown payloads, a multiobjective optimization is applied to this structural sizing tool.  

The second objective of the thesis is the MDO application to the university-class 

microsatellite project with remote sensing mission. This application requires detailed design 

of different satellite subsystems like electrical power, payload which both are influenced by 

the orbital parameters. While having the different satellite design disciplines in the MDO 

framework rather useful systems engineering data can be obtained. This provides a very good 

insight to the interaction of different design parameters from different disciplines.  

The other advantage of formulating the satellite system design as a MDO problem is applying 

the concurrent engineering. This methodology has been practiced from early 1990s in space 

missions and the best practical example can be considered as ESA (European Space Agency) 

CDF (Concurrent Design Facility). Applying an extended concurrent engineering is beyond to 

this research work and university-class microsatellite projects. Nevertheless, practicing 

concurrent engineering to any limit is rather useful to obtain a better understanding of the 

design.  

The present thesis is divided into the six chapters which address the specific objective of the 

present research work. 

Chapter 1: An introduction to the university-class microsatellite projects characteristics is 

presented. General characteristics for some of the university-class microsatellites are 

presented. The platform configuration for the satellite sizing tools developed during thesis are 

introduced based on the UPMSat-2 microsatellite project design characteristics, 

Chapter 2: Satellite structural design sizing tool is developed. The structural elements are 

selected considering the easy manufacturing process inside university laboratories to reduce 

the cost. The analytical formulas for structural analysis are used. The satellite structural model 

consists of static and dynamic model. Some case studies are presented in order to investigate 

the effect of different system or subsystem variables on the whole system design. 
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Chapter 3: Some works in the field of spacecraft design optimization are reviewed. A brief 

introduction to the Genetic Algorithm (GA) is presented. First, a single objective optimization 

is applied to the structural sizing tool to minimize the satellite total mass. Afterwards, a 

multiobjective optimization is applied in order to optimize two conflicting objectives as 

satellite total mass and available mass budget for the payload. The main objective in this 

chapter is to obtain a microsatellite design with lower structural mass and higher mass budget 

for an unknown payload at the same time. This was the first objective of the thesis. 

Chapter 4: The microsatellite system design sizing tool is developed based in the optimum 

structural design baseline found in chapater 3. The satellite mission is considered to be remote 

sensing. The orbit and mission design are presented. Also based on a generic remote sensing 

mission scenario the electrical power subsystem is designed. An integrated satellite system 

design tool is developed and different case studies are presented.    

Chapter 5: A background of Multidisciplinary Design Optimization (MDO) method and its 

applicability to the spacecraft design is presented. The satellite system design sizing tool 

different parts is formulated as a classical MDO problem. MDO is applied to it and the results 

are presented. 

Chapter 6: Conclusion and future works are presented. 

Also, most of the material of the present thesis, along with additional specific details, has 

been presented in the following publications: 

 Journal article 

o Ravanbakhsh, A., Franchini, S., 2012. Multiobjective optimization applied to 

structural sizing of low cost university-class microsatellite projects. Acta Astronautica, 

Volume 79, pp. 212-220. 

 

 Conference papers 

o Ravanbakhsh, A., Franchini, S., 2013. System Engineering Approach to Initial Design 

of LEO Remote Sensing Missions. in:  proceedings of 6
th

 International Conference on 

Recent Advances in Space Technologies RAST 2013, June 2013, Istanbul, Turkey. 

o Ravanbakhsh, A., Franchini, S., 2011. Rapid Sizing Tool for a Low Cost University 

Microsatellite Structure Subsystem. in:  proceedings of  5
th

  International Conference 

on Recent Advances in Space Technologies RAST 2011, June 2011, Istanbul, Turkey. 

o Ravanbakhsh, A., Franchini, S., 2010. Preliminary Structural Sizing of a Modular 

Microsatellite Based on System Engineering Considerations. in:  proceedings of 3
rd

 

International Conference on Multidisciplinary Design Optimization and Applications, 

June 2010, Paris, France. 
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Chapter 1.                           

University-class small satellites 

Nowadays small satellites are creating many opportunities for space business and research 

while at the same time responding to constrained budgets. The new generation of small 

satellites has successfully proved that not only they are able to support a viable science and 

research programs, but they can also play a key role in space-based Earth and space science 

programs. By decreasing the time to scientific return, analysis can be conducted within years 

rather than decades. Small missions are further characterized by a large amount of flexibility 

and response to new scientific opportunities. As well, shorter development periods of small 

missions reduce overall cost and provide additional degrees of freedom for economical 

aspects. Above all, small missions will provide the small scientific groups by allowing 

researchers to be involved in such projects at universities. These programs even offer 

undergraduate and graduate students opportunities to experience the complex nature of the 

space projects in all its various stages from conception, realization, and analysis [3]. 

Although an exact definition of a small satellite is a challenging task, there are some criteria 

such as the mass of the satellite, its cost, its size, or its development time which can be used in 

order to classify small satellites projects. But, it can be said that most common reference for 

the term “small satellite” is defined as a satellite having a mass of less than 500 kg. 

Furthermore the small satellites themselves can be categorizes as seen in Table 1.1. 

Table 1.1: Small satellites classifications. 

Class Mass (Kg) 

Mini 100-500 

Micro 10-100 

Nano 1-10 

Pico < 1 
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From 1981, the launch date of the first university-class microsatellite, named UoSAT-1, 

developed by University of Surrey [2], until 2005, more than 60 satellite projects have been 

conducted at universities [3], and more than 70% of these projects are included in the 

microsatellite class whose total mass is between 10-100 kg. Also, based on the experiences of 

university-class microsatellite projects in different countries, it can be concluded that with 

these projects most of the basic and necessary infrastructures for space research and 

technology programs are obtained [1, 4-8]. 

Research at universities is normally conducted by the small teams and also in a narrow field 

of specialization. The product of these kinds of research activities can be considered as a 

potential to be used in improving some aspects in a larger scaled scientific or technological 

subjects. After more than 50 years of human access to the space, there are few countries that 

are in a position today to build their own satellites and to be beneficiary from key space 

applications. A large number of countries still have indirect access to space. On the other 

hand, there are high level engineering universities with enthusiastic human resources which 

can be involved in proper programs for making the space technology accessible. So, the space 

technology establishment at universities is an important issue with all its known benefits. One 

way in which this interdisciplinary field can be well done fulfilling desirable aspects of a real 

space project is focusing on microsatellite projects. In such projects the structure of project 

managing, design phasing and systems engineering are comprehensive enough to establish a 

basement for future space related activities. In addition, microsatellites are attractive for 

educational purposes because of important reasons such as their small mass and dimensions. 

These characteristics enable them be launched as an auxiliary payload that result to less cost 

and test requirements. Furthermore, with the modest technology and commercial off the shelf 

components it is possible to design them with different types of missions like store and 

forward communication or rough remote sensing. All these can be achieved in a short time 

schedule and less complexity than bigger space projects. Furthermore, microsatellite 

development needs engagement of different specialization which can provide hands-on 

experiences for different departments at a university like Aerospace Eng., Mechanical Eng., 

Electrical Eng., Computer Eng. and Industrial Eng. in each of them one or more design 

discipline can be done. Based on these facts and considering the complexity and costly 

inherent of space projects it is concluded that a microsatellite development program seems to 

be promising as a “Low Cost-Highly Efficient” project for space research and technology 

objectives at universities. Another reason for the promising role of university-class small 

satellites can be concluded by the increasing number of such project from 1981, the launch 

date of the first university microsatellite, to year 2006 which is demonstrated in Fig. 1.1. 
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Figure 1.1: Total number of manifested university-class microsatellites. 

 

Some of the university-class microsatellites are introduced hereafter. The microsatellite 

Palamede from Milan Polytechnic University is a parallelepiped-shaped with the square bases 

of 40 cm side and a height of 80 cm. Its structure, totally realized in aluminum alloy, is 

composed by four equal leg angles L-bars at the corners and two machined plates, suitably 

stiffened with ribs [24]. QSAT is from Kyushu Institute of Technology with its base size of 

about 50 cm
2
 and its height of 30 cm. Its altitude is between 600 km and 800 km in a sun-

synchronous orbit [25]. UNISAT-4 microsatellite from Rome University, its structure is 

designed in a manner which allow quick and easy assembling and disassembling, and to make 

the access to the internal subsystems as easy as possible. Its orbit is 500 km and sun-

synchronous [6]. ANUSAT from Anna University in India is another example of university 

microsatellite project. This microsatellite is a spinning cubic structure of 60 cm x 60 cm x 60 

cm dimensions [7]. USUsat-2 is a microsatellite from Utah State University and comes from 

the previous experience of USUsat-1. The important aspect of this satellite is the application 

of isogrid pattern for its primary structure elements [26]. 

1.1 The UPMSat-2 project background 

The UPMSat-2 project is based on the previous experience of the IDR/UPM team, acquired 

during the development and operation of the 50 kg class satellite UPMSat-1, launched in July 

7th 1995 [8-9, 27]. Also it is the next comer of a second UPM satellite [28], whose conceptual 
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design and preliminary design phases were accomplished during the years 1996 and 1997 

(although this second satellite project was cancelled at the end of 1997 due to uncertainties in 

the budget time schedule). The origin of this new project UPMSat-2 can be found in an 

agreement of cooperation established at the beginning of 2009 between IDR/UPM and the 

Department of Aerospace Engineering of Amirkabir University of Technology (Tehran 

Polytechnic), Tehran, Iran, for the development of a microsatellite which shares the general, 

educational, technological and scientific goals of the UPM small satellites program [29]. 

However, due to several unforeseen circumstances that initial project has been postponed, so 

that the project UPMSat-2 has been redefined, in such a way that it is now a project controlled 

only by IDR/UPM. Within this frame, the aim of the UPMSat-2 project is design, 

development, integration, testing, launching, and in orbit operation of a microsatellite and the 

objective is to perform all these tasks as much as possible at university environment. So, 

UPMSat-2 is considered to be a university-class microsatellite. Obviously, some external help 

from space industries will be needed, as it happened in case of UPMSat-1 project. Therefore, 

the goal of the project is to fulfill all the steps in the development process, launching and 

operation of a microsatellite, including manufacturing and qualification and acceptance tests. 

In order to meet these requirements it has been agreed to keep the project between limited 

boundaries, assuming the minimum technological risks, aiming at a space qualified, safe 

platform, which can be used as a general purpose space platform oriented to educational, 

scientific and in-orbit technology demonstration, as well as for other missions beyond the 

current one.  

1.2 The UPMSat-2 platform configuration 

For the new project the UPMSat-1 architecture has been used as the basis of the platform 

configuration. This approach has some advantages in the design process, first because 

UPMSat-1 structure is a space qualified platform approved as suitable for flight in Ariane 4 

launcher by Arianespace, and second because UPMSat-1 structure had successfully 

demonstrated its robustness during all the qualification and acceptance tests. It must be 

pointed out that this microsatellite platform will be qualified according to the most restrictive 

requirements envelope of several existing launchers [30]. The satellite geometrical 

configuration is selected bearing in mind an easy manufacturing process which can be carried 

out by university facilities. Due to this approach, and based on other university microsatellite 

projects [4-7], the geometry is selected as a four-sided, square-based prism as shown in Fig. 

1.2.  
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Figure 1.2: Satellite geometrical configuration composed of trays A, B, C and D. 

For subsystem equipment accommodation, four trays, A, B, C and D, including the bottom 

and top trays of the satellite are considered. The mass budgets of different subsystems 

including Attitude Determination and Control, Command and Data Handling, Power, 

Telecommunication, Thermal Control, and Structure and Payload, have been assumed based 

on the design estimation relationships from a variety of sources [31-35] which are indicated in 

Table 1.2.  

Table 1.2: Satellite subsystems mass budgets. 

Subsystems 
Mass budget 

of msat 
Location 

Attitude Determination and Control 10% Distributed on trays A, B, C, D 

Command and Data Handling 5% Tray B 

Power  23% Tray A 

Telecommunication 5% Trays B, D 

Thermal Control 2% Distributed on trays A, B, C, D 

Structure* and Payload ** 55%  *Distributed on trays A, B, C, D 

**Tray C 

 

 

For the structural sizing tool which is described in chapter 2, the payload and structure mass 

budgets are not pre-assumed although their sum mass budgets should not exceed more than 

55% of the satellite total mass. By reducing as much as possible the structure mass, there is 

more mass budget available for the payload. As mentioned in introduction, this approach has 
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special advantages for university-class microsatellite projects which in the early phases of the 

design have no exact information about the payload. 
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Chapter 2.                                

Satellite structural design  

The structural model is combined of static and dynamic models. For static calculations, the 

analyses are done on each set of primary structures consisting of four equal leg angles L-bars 

as the satellite main frame, four plates as the side panels and four plates as the satellite trays, 

Fig. 2.1.  

 

 
Figure 2.1: Satellite primary structures composed of: four side panels,  

four isogrid middle trays and four equal leg angles L-bars. 

 

In order to facilitate low cost and low dependency on industry for structure manufacturing, the 

material is assumed to be an isotropic type space-qualified aluminum alloy. The material 

properties of primary structural elements are indicated in Table 2.1.  
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Table 2.1: Satellite primary structural elements material properties. 

Subsystems E [GPa] υ G [GPa] ρ [kg/m
3
] σ[MPa] τ [MPa] 

AL7075-T6 72 0.33 27 2800 505 330 

 

The trays are considered to be sized under an isogrid pattern to reduce the total mass. The 

satellite bottom tray is assumed to be clamped to the launcher, and maximum stress, 

maximum deflection and buckling of each primary structure element is analyzed.  For 

dynamic analysis, in order to estimate the natural frequencies, a simple mass-spring model is 

considered in both longitudinal and lateral directions. Structural modeling is done based on 

analytical design formulas from classic structure design references [36-39]. 

The structural calculations should meet some specific requirements of the foreseen satellite 

launcher. Usually, for university-class microsatellite projects, the exact information about the 

satellite launcher cannot be provided at the initial phases of the program. However, it is highly 

desirable to use the opportunity of being launched as an auxiliary payload to reduce the cost 

of the project. Based on these reasons, the strength and stiffness of different launcher 

requirements have been reviewed and the most severe requirements considered as the basis of 

structural calculations. This approach also gives versatility to the project and does not limit it 

to a specific launcher. Finally, the Arian Structure for Auxiliary Payload 5, ASAP 5, 

requirements is selected as the baseline of structural design. The strength and stiffness 

requirements applied to the structural design are indicated in Table 2.2. 

 

Table 2.2: Structural requirements from ASAP5 [40]. 

Requirement Longitudinal Lateral 

Strength Acceleration (g) -7.5g/+5.5g ±6g 

Stiffness Fundamental freq. ≥90 Hz ≥45 Hz 

 

2.1 Static model 

To apply the quasi-static flight limit loads imposed from the launcher (see Table 2.2); a 

simple structural model has been established for static calculations. In this model the whole 

satellite is considered as a cantilever beam, fixed at the end connected to the launcher adaptor. 

It is assumed that the satellite is under an axial load associated to axial accelerations, plus a 

uniform load distribution in a lateral direction, associated to lateral accelerations as seen in 

Fig. 2.2(a). 
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(a) (b) 

Figure 2.2: Satellite static model (a) loads imposed on the satellite (b) model cross section area. 

 

According to the satellite static model, Fig. 2.2(b), the geometrical properties are determined 

by Asat=4Ab+2lXYtsp+2hptsp, Q=Abh+tsplXYh/2+ tsphp
2
/4 and Ix=Abhp

2
+ tsplXYhp

2
/2+ tsphp

3
/6, 

where Asat  is the  satellite model cross section area, Q and Ix are the satellite model first and 

second moments of area respectively, Ab is the equal leg angles L-bars cross section area, lXY 

is the satellite dimension in the XY direction, hp is the distance between two parallel side 

panels, hp= lXY -2tsp,  and tsp is the side panel thickness.   

The design loads are applied based on the quasi-static flight limit loads of the launcher as 

indicated in Table 2.2, and uncertainty and safety factors are included. Thus, the longitudinal 

and lateral forces are calculated by Flong/late=msat.nlong/late.SF.UF, where Flong/late is longitudinal 

or lateral forces, msat is the satellite total mass, nlong/late is longitudinal or lateral load factors 

(launcher accelerations), SF  and UF are design safety and uncertainty factors respectively.  

According to the structural model, and from the basis of the strength of materials, the 

maximum normal stress which results from direct longitudinal force and lateral force bending 

moment is calculated by: 

     
      

   
 

     

    
                                                         

 and the maximum shear stress is calculated by: 
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where Mmax is the maximum bending moment and Vmax  the maximum shear force. 

Also, the maximum deflection of the satellite can be calculated from: 

     
   

 

    
                                                            

Where q= Flong/lZ is the lateral uniform load distribution, lZ is the satellite dimension in Z 

direction, and E is Young´s modulus. 

In static verification a buckling analysis is also carried out for each of the primary structure 

elements. Buckling of equal leg angles L-bars is determined by: 

    
      
   

                                                            

where Pcr is the critical buckling load, Ixb is the second moment of area for equal leg angles 

L-bar and L´ is the effective length for equal leg angles L-bar which depends on the boundary 

conditions and in the worst case is twice of the L-bar length [38].  

Buckling of thin plates at the satellite side panels may occur from compression, shear, 

bending and also under combined stress situations. In a static model, for each pair of in front 

side panels, two cases of buckling are assumed. First, buckling just from the compression 

stress, and second, buckling from combined stresses, including bending and shear. The critical 

buckling stress of the side panels is determined from: 

    
     

                  
                                                

where kc is the buckling coefficient which can be obtained based on the plate dimensions and 

buckling source for different cases, and υ is Poisson´s ratio. The critical buckling loads of 

equal leg angles L-bars, the side panel’s critical buckling stress, and the applied loads, are 

used to determine the corresponding margin of safety of each primary structure element and 

to check if it is greater than zero [36]. 
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2.2 Dynamic model 

Being launched as an auxiliary payload can be considered as one of the constraints of low cost 

university-class microsatellites. In this case there exist strict stiffness requirements imposed 

by the launcher. These requirements are checked by Finite Element Analysis (FEA) and 

testing during the detailed design phase. But at the early phases of the design, and before 

freezing the satellite total mass and dimensions using FEA methods for trade-off, studies 

seem to be a slow and unnecessary process. In this work, in order to estimate the satellite’s 

natural frequencies hereafter, the satellite structure is modeled to an equivalent four degrees 

of freedom (4-DOF) mass-spring system in both longitudinal and lateral directions, as seen in 

Fig. 2.3. The equivalent model is the representation of microsatellite free vibration behavior. 

This simplification enables rapid trade-off studies using analytical analysis with the 

reasonable accuracy needed for the conceptual design phase [10]. 

In Fig. 2.3(a) the free vibration response in satellite longitudinal direction (Z axis) can be 

described by [M]{

 

Z }+[K]{Z}={0}, where {Z}is the state vector of four degrees of freedom 

in Z direction, [M] is the mass matrix and [K] is the stiffness matrix. The mass matrix 

elements consist of m1, m2, m3 and m4, which are lumped mass considered for trays A, B, C 

and D respectively according to the mass distribution given in Table 1.2. The stiffness matrix 

elements consist of the equivalent longitudinal stiffness of the launcher adaptor, equal leg 

angles L-bars and side panels between each two trays. The equivalent longitudinal stiffness of 

the launcher adaptor is assumed to be k1=2.71×10
7
 [N/m]. This stiffness is from the 

experience of the UPMSat-1 project [10].  The equivalent longitudinal stiffness of the satellite 

between each two trays can be calculated from ki=4(EAb/lb+ EAsp/lsp), {i=2, 3, 4}.  Where Ab 

and Asp are the cross section area of the equal leg angles L-bar and side panel, lb and lsp are the 

length of the equal leg angles L-bar and side panel between each two trays respectively. 

Based on stiffness and mass matrices, the equations of motion for the equivalent 4-DOF in the 

longitudinal direction can be written as: 

1 1 1 2 2 1

2 2 2 2 3 3 2

3 3 3 3 4 4 3

4 4 4 4 4

0 0 0 - 0 0 0

0 0 0 - - 0 0

0 0 0 0 - - 0

0 0 0 0 0 - 0

         
                       
        
                

m z k k k z

m z k k k k z

m z k k k k z

m z k k z
 

In the lateral direction the first degree of freedom is related to the rotational motion at the 

microsatellite and launcher attachment point. The other three degrees of freedom correspond 

to the lateral displacement of trays B, C and D.  
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From mass-spring equations of motion, the mass and stiffness matrices of the satellite free 

vibration model in the lateral direction are obtained as:  

5 6 62 2 2

6 6 7 73 3 3

7 74 4 4

0 0 00 0 0 0

0 - 00 0 0 0

0 - -0 0 0 0

0 0 -0 0 0 0

        
                      
        
               

m
kI

k k km x x

k k k km x x

k km x x

 

    

Where, Im is the satellite moment of inertia with respect to the X axis positioned in the 

launcher adaptor plane. The equivalent rotational stiffness of the launcher adaptor is 

considered as kφ=3×10
7
 [N/m] according to [10]. The equivalent lateral stiffness of equal leg 

angles L-bar is determined by kbj=12EIxb/lb
3
, {j=5, 6, 7}. Also, for each of two shear 

tolerating side panels the equivalent lateral stiffness is calculated by kspj=FrGlXYtsp/lsp, where 

Fr=0.04 is the reduction factor because of the incomplete rigid boundary condition for side 

panels, and G is the shear modulus. The equivalent lateral stiffness of the satellite between 

each two trays is the sum of the stiffness of structure elements, kj=4kbj+2kspj, {j=5, 6, 7}. The 

value of Fr is determined according to the comparison between the analytical and 

experimental vibration analysis of the UPMSat-1 project. 

Considering the mass and stiffness matrices for the satellite model in both longitudinal and 

lateral directions, the natural frequencies of the satellite are obtained by solving the 

eigenvalue problem (A-ωn
2
Im)=0, where A=M

-1
K and in which M

-1
 is the inverse mass matrix, 

K the stiffness matrix, and ωn the satellite angular frequency. The satellite natural frequency is 

obtained by fn= ωn/2π. 

 

  

(a)                      (b) 

Figure 2.3: Satellite dynamic model: (a) longitudinal direction (b) lateral direction. 
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2.3 Isogrid trays sizing 

In UPMSat-2 project the objective is to use isogrid plates for the middle trays, A, B, C and D 

of the satellite instead of normal or honeycomb structures. This approach will result to less 

structural mass. Isogrid structures use an array of equilateral triangle or other shapes cutouts 

to increase the stiffness per weight of a structure. The pattern may be manufactured by 

machining a metallic panel. There are some satellite projects used this method like [48] and 

[26]. In summary the advantages of this kind of structure are: 

 Validity of isotropic assumption 

 Easily manufacturing in comparison with composites 

 Standard pattern for attachment (nodes accommodate equipment mounting without 

change) 

 can be optimized for wide range of loading intensities 

 less structural mass than the normal isotropic structure 

In order to estimate the equivalent mass of the isogrid trays for the structural sizing tool, the 

following steps are followed [39-40, 49]: 

 Calculation of normal plate thickness based on launcher frequency requirements  

 Calculation of the equivalent isogrid structure skin thickness  

 Estimation of isogrid plate mass  

According to [39] the natural frequency of a thin plate can be calculated by ω
2
=n

4
D/a

4
ρt, 

where ρ is the plate mass density, t is the plate thickness, n is the nondimensional natural 

frequency, a is the square plate length and D is the bending rigidity which can be obtained 

from D=Et
3
/12(1-υ

2
). The first nondimensional natural frequencies for a fully simply 

supported square plate and for a fully clamped squared plate are indicated in the Table 2.3. 

Table 2.3: Nondimensional natural frequencies for a square plate [39]. 

Order Fully simply supported Fully clamped 

1 3.6744 5.9057 

2 6.2931 8.3466 

3 6.9380 9.1969 

4 8.7100 10.6870 

5 9.7066 11.8367 

 

By using above relations if the natural frequency of the plate is set to be equal to the 

minimum frequency required by the launch vehicle, the thickness of the normal plates are 
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obtained. Also, because of uncertainty about the boundary conditions of the middle trays the 

average amount of nondimentional natural frequencies in two cases, simply supported and 

clamped is used for the calculations. After finding the thickness of the normal plate which 

fulfills the launch vehicle requirements, the equivalent optimum skin thickness of an isogrid 

equivalent for the normal plate can be obtained by tiso=1/12t, where tiso is the equivalent 

isogrid plate skin thickness. In order to calculate the mass of the isogrid plate, the equivalent 

weight thickness for and equal distribution rib and skin material can be assumed as  ̅=2tiso.  

Having the equivalent weight thickness and the density and the geometry information the 

mass of the isogrid plates used in the satellite middle trays A, B, C and D can be calculated. 

2.4 Structural sizing tool 

In order to form a rapid sizing tool for trade-off studies, different parts of static and dynamic 

models are combined in a unified code developed in MATLAB. Different steps of structure 

sizing tool are seen in Fig. 2.4. 

 
Figure 2.4: Structure sizing tool calculation steps. 
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The hypotheses behind setting different steps are described hereafter; in step 1 a database 

consisting of primary structures properties and an initial value for the satellite total mass are 

introduced. Different primary structures properties are indicated in Table 2.2. 

In step 2, based on criteria described in section 2.1, a static analysis is done on each set of 

primary structures. Then, from different acceptable structure sets with a positive design 

margin of safety, the one with minimum mass is selected. According to the selected 

structures, the satellite total mass is calculated. If the difference between mi, the initial mass 

introduced to the structure sizing tool, and mc, the satellite total mass calculated by the 

structure sizing tool, is less than 0.5 kg, a dynamic calculation starts in step 3. If not, the 

differential mass (mi-mc) is allocated to the payload mass budget and static calculations are 

repeated. In step 3, based on the satellite dynamic model described in section 2.2, the satellite 

natural frequencies in both longitudinal and lateral directions are calculated. If the natural 

frequencies obtained meet the launcher frequency requirements, the sizing process stops. If 

not, the sizing process starts from step 1 with the elimination of the current primary structure 

set.  

It should be noted that at the beginning of the algorithm the sum of structure and payload 

mass budgets are defined as 55% of satellite total mass. Thus, lower structure mass results in 

more available mass for the payload.  

Table 2.4: Structure sizing tool variables. 

Variable 

msat 

[kg]
 

tsp 

×10
-3 

[m] 

db 

×10
-3 

[m]
 

tb 

×10
-3 

[m] 

lXY 

[m] 

lZ 

[m] 

DAB 

[m]
 

DBC 

[m]
 

Variation 

limit 
[20,70] [1,5] [20,30] [1,5] [0.40,0.50] [0.50,0.60] [0.07,0.15] [0.07,0.15] 

 

2.5 Case studies 

In order to see the effect of different design variables on the whole design, some specific 

design cases inside the design space are studied. 

Design variables consist of three primary structure elements properties as well as four system 

level variables. The structure properties include the thickness of side panels and the thickness 

and leg length of equal leg angles L-bars. The system level variables are the satellite 
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dimensions in the XY and Z directions and also the distance between the different satellite 

middle trays. According to the requirements of most launchers, and considering the ease of 

the manufacturing process, the range of practical variations of these variables are selected as 

seen in Table 2.4. Also, to have an evaluation medium for the design team, two design 

indicators are defined as: α which is the structure mass budget, and β which is the payload 

mass budget. 

Here after the different case studies are presented in order to evaluate the effect of each design 

variable on the design indicators as well as longitudinal and lateral frequencies. 

 

 

Figure 2.5: Satellite total mass, msat , effect on longitudinal frequency, flong, and lateral frequency, flate , 

when lXY  =0.40 m , lZ =0.50 m and DAB =DBC =0.15 m. 

 

As seen in Fig. 2.5 when satellite total mass increases the minimum natural frequency in both 

lateral and longitudinal directions will decrease. This can be deducted from the inverse 

relation between natural frequency and mass. 
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Figure 2.6: Satellite total mass, msat , effect on  structure mass budget, α, and available mass budget for 

payload, β, when lXY  =0.40 m , lZ =0.50 m and DAB =DBC =0.15 m. 

 

 

 

(a) 

 

(b) 

Figure 2.7: Satellite dimensions effect on structure mass budget, α, and available mass budget for 

payload, β, when msat=50 kg and DAB =DBC =0.15 m (a) lZ  =0.50 m, (b) lXY  =0.50 m. 
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(a) 

 

(b) 

Figure 2.8: dimensions effect on longitudinal frequency, flong, and lateral frequency, flate, when msat=50 

kg and and DAB =DBC =0.15 m (a) lZ  =0.50 m, (b) lXY  =0.50 m. 

 

As seen in Fig. 2.6, by increasing the satellite total mass for a fixed dimensions design, the 

structure mass budget decreases. This results in more available mass budget for the payload, 

which is promising when there is no exact information on the payload. On the other hand, it is 

always desirable to have the minimum satellite total mass in order to reduce the launch cost. 

Thus, two conflicting objectives have been achieved from the obtained results. The first one is 

the maximum available mass budget for the payload which is achieved when the structure 

mass budget decreases, and the second one is the minimum satellite total mass which is met 

when the structure mass budget increases. This result demonstrates the appropriate potential 

for application of the multiobjective optimization to the problem which is explained more in 

Chapter 3.  

In Fig. 2.7 (a,b), it can be seen that by increasing the dimensions of the satellite the structure 

mass budget increases, as expected. On the other hand, the increase of the side surface of the 

satellite by increasing the satellite dimension in any XY or Z direction should be taken into 

account. This enables the power subsystem to produce more power by providing a bigger 

surface for mounting solar cells. This result gives a valuable insight into the interaction of the 

structure and power subsystems at the early phases of the design. 

In Fig. 2.8 (a,b) is seen that by increasing the satellite dimension in XY and Z direction the 

longitudinal natural frequency will remain almost constant and on the other hand the lateral 

natural frequency will increase. This increase can be concluded to be the result of increase in 

lateral stiffness of the side panels.  
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(a) 

 

(b) 

Figure 2.9: Distance between different satellite trays on longitudinal frequency, flong, and lateral 

frequency, flate , when lXY  =0.50 m , lZ =0.60 m and msat=50 kg, (a) DBC =0.12 m, (b) DAB =0.12 m. 

 

According to Fig. 2.9 (a,b), flong is not affected by the distance variation between the trays A 

and B, but flate will decrease by increasing the distance between tray A and B. This decrease in 

the lateral natural frequency can be related to the decrease in lateral stiffness. According to 

the stiffness relations in section 2.2, by increasing the longitudinal length the lateral stiffness 

will decrease in both equal leg angles L-bars and the side panels.  

On the other hand having more distance between trays A and B, or trays B and C will result to 

less volume for the payload. In chapter 1 it is mentioned that the payload will be integrated 

between trays C and D. So, it can be concluded that having lower distances between the 

bottom trays of the satellite will result to a better global design achievement with higher 

lateral stiffness and more available volume for the payload accommodation. 

2.6 Conclusion 

In this chapter a simple and rapid approach for the structural design of low cost, 

university-class microsatellite projects is presented. The microsatellite configuration and 

structural considerations are selected in a way compatible with most launchers which provide 

secondary payload launch services. Furthermore, the structural elements are selected in such a 

way that they can be analyzed by classical structural analysis formulae. The microsatellite 

static and dynamic models are developed. Two design indicators, α which represent the 
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satellite structure mass budget, and β which represents the payload mass budget, are defined. 

The effects of structural variables, and the satellite total mass and dimensions on these design 

indicators are evaluated in some design cases. The developed structural sizing tool can give 

very useful insight to the design team in the early design phases of such projects.  

 



 

42 

 

Chapter 3.                                

Satellite structural design 

optimization for unknown payloads 

In general the optimization of the engineering problems can be categorized into two groups 

regarding the optimization method. In one of them the gradient based methods are used in 

order to find the optimum point and in the other category direct search algorithms look for the 

optimum design point in the whole Design Search Space (DSS). In some cases because of the 

considerable diversity of variables and their complex relation as well as overextended 

dimension of the DSS, these methods are not efficient enough. Satellite design is a good 

example of this type of complex engineering optimization problems. 

Regarding to this fact, it is possible to categorize the optimization methods in two other 

groups called deterministic methods and stochastic methods. Stochastic methods are those 

which select different samples from the DSS randomly. In this way the optimization 

algorithm is able to access different parts of the DSS at any time without following a specific 

rule. Because of this characteristic they are becoming popular in the design optimization 

problems of complex systems. Unlike the stochastic methods, the deterministic methods have 

disadvantages to be trapped in local minimum.  

Among the stochastic methods, Genetic Algorithm (GA) is popular based on its simpler 

performance and then easier to deal with in computers. Evolutionary design optimization 

algorithms have been used in some works related to spacecraft design problems. In [41] 

Riddle Taylor, E., has demonstrated the applicability of different optimization methods, 

including a nontraditional heuristic method for an example spacecraft conceptual design 

problem. It can be concluded from his work that a heuristic method can be applied 

appropriately to the spacecraft design problem. In [42] Mosher T., also has showed the 

applicability of a GA as an evolutionary optimization method of spacecraft design. In [43] 

Jones, D. F. et al, it is claimed that 70% of complex systems optimization research works used 

GA as the primary algorithm to solve various multidisciplinary problems. In [44] Boudjemai, 
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A. et al, a GA has been used for spacecraft structural design and in [45] Ravanbakhsh, A. et 

al, the MATLAB GA toolbox has been applied to the conceptual design of earth observation 

small satellites. In [64] Jafarsalehi, A. et al, applied a collaborative optimization method to 

remote sensing small satellite missions using a GA. Based on all the above mentioned 

researches, for the optimization purpose of this work MATLAB GA toolbox [46] is used to 

find the best design alternatives in the design space. 

3.1 Introduction to Genetic Algorithm 

Genetic Algorithm (GA) is a class of optimization algorithms which is inspired by the 

biological evolution process. GA uses the concepts of natural selection and genetic 

inheritance discussed by Darwin 1859 [47]. A simple comparison between a GA used as an 

optimization method and its interpretation in nature can be seen in Table 3.1. 

Table 3.1: Genetic algorithm for optimization and its equivalent elements in nature. 

Genetic Algorithm Nature equivalent element 

Optimization problem boundaries Environment 

Feasible solutions 
Individuals living in that 

environment 

Solutions quality (fitness 

function) 

Individual´s degree of adoption to 

its surrounding environment 

A set of feasible solutions A population of organisms 

Stochastic operators 

Selection, recombination and 

mutation in nature´s evolutionary 

process 

Iteratively applying a set of 

stochastic operators on a set of 

feasible solutions 

Evolution of populations to adopt 

their environment 

 

A genetic algorithm maintains a population of candidate solutions for the problem at hand and 

makes it evolve by iteratively applying a set of stochastic operators. The basic operators 

which are used in a genetic algorithm are described hereafter. Selection which replicates the 

most successful solutions found in a population at a rate proportional to their relative quality. 

Recombination operator decomposes two distinct solutions and then randomly mixes their 

parts to form novel solutions. Mutation operator randomly perturbs a candidate solution. By 

using the stochastic operators mentioned above, a simple genetic algorithm does the following 

steps to reach to an optimum solution: 
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 Produce an initial population of individuals 

 Evaluate the fitness of all individuals 

 While termination condition not met do 

 Select better individuals for reproduction 

 Recombine between individuals 

 Mutate individuals 

 Evaluate the fitness of the modified individuals 

 Generate a new population 

 End while 

In the present work the GA is used as a tool in order to find an optimum design in the DSS. 

More detailed discussion on genetic algorithm and its application in optimization of 

engineering problems can be found in [47]. 

3.2 Single objective optimization: minimum satellite total mass 

In satellite projects mass minimization can be considered among those objectives which 

usually are taken into account. In this part in order to find an optimum design point with 

minimum mass by GA the following steps are done. First, based on the different steps of the 

structural sizing tool a function is developed in MATLAB as the input objective function for 

MATLAB GA toolbox. This function is a single output function that is satellite total mass. In 

this function in order to distinguish the acceptable structural elements with positive margin of 

safety a mass penalty is defined for not acceptable designs. This penalty will reach to a 

satellite total mass equal to 200 kg which is far away from any possible optimum design point 

inside the DSS. The boundary conditions for different variables are defined by allocation 

lower and higher value to each as indicated in Table 2.4. These limits are the only constraints 

introduced to GA for the problem. Regarding the initial population, with the knowledge of the 

simplicity of the model as well as the result of some initial runs for checking the DSS 

optimization process, it has been concluded that in this case the optimization process does not 

need initial population for getting convergence. This can be also related to the existence of 

good harmony between variables and the calculation flow based on analytical formulas in the 

objective function, i.e. structural sizing tool. 

The MATLAB GA toolbox settings for the satellite total mass single optimization function 

are indicated in Table 3.2. The short description of different parts of the MATLAB GA 

toolbox can be found in Appendix A. 
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Table 3.2: MATLAB GA toolbox settings. 

Number of variables 
9
 

tsp
 db

 tb
 

lXY
 

lZ
 

DBC
 

DAB
 

β mi
 

Constraints 

Boundary type 

tsp
 [1,5] ×10

-3 
m 

db
 [20,30] ×10

-3 
m 

tb [1,5] ×10
-3 

m 

lXY
 

[0.40,0.50] m 

lZ
 

[0.50,0.60] m 

DBC
 

[0.07,0.15] m 

DAB
 

[0.07,0.15] m 

β [0.25,0.40] m 

mi 
 

[20,70] kg 

Population 

Type: Double vector 

Size: 20 

Creation function: Uniform 

Fitness scaling Rank 

Selection Stochastic uniform 

Reproduction 
Elite count = 10 

Crossover fraction = 0.8 

Mutation Adaptive feasible 

Crossover 
Heuristic 

Ratio = 1.2 (default) 

Migration Forward 

Stopping criteria Generations: 1000 

Plot functions 
Best fitness 

Best individuals 

 

In Fig. 3.1 to Fig. 3.5 the plots of optimization process for 5 GA runs are presented. 
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Figure 3.1: Satellite total mass, msat, minimization process, run #1. 

 

 

Figure 3.2: Satellite total mass, msat, minimization process, run #2. 
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Figure 3.3: Satellite total mass, msat, minimization process, run #3. 

 

Figure 3.4: Satellite total mass, msat, minimization process, run #4. 
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Figure 3.5: Satellite total mass, msat, minimization process, run #5. 

As seen in the Fig. 3.1 to Fig. 3.5, although the minimization process regarding the mean 

fitness is different in each run, the best fitness value which is the calculated total mass of the 

satellite in all of the runs converges to a similar value. This is a usual behavior of GA in this 

kind of problems with smooth design space search and simple boundary conditions. After 

becoming certain of convergence of the optimization in all five runs, it will be valuable to 

investigate the final point property which in fact returns the value of different variables as 

indicated in Table 3.3. 

Table 3.3: The results of 5 run of genetic algorithm optimization for satellite total mass minimization. 

Run 

tsp 

×10
-3 

[m] 

db 

×10
-3 

[m] 

tb 

×10
-3 

[m] 

lXY 

[m] 

lZ 

[m] 

DAB 

[m]
 

DBC 

[m]
 

β 

[%]
 

mi 

[kg]
 

Objective 

msat 

[kg]
 

1 1 20 1 40 50 8 12 25 28.8 29.2 

2 1 20 1 40 50 15 8 25 28.8 29.4 

3 1 20 1 40 50 11.5 15 25 28.5 29.3 

4 1 20 1 40 50 12 10 25 28.9 29.6 

5 1 20 1 40 50 7.5 15 25 28.8 29.1 

 

According to the results, it is seen that lXY and lZ for all of the runs have the same value equal to 

their lower boundary value. This shows that in order to reach to a minimum satellite total 



 

49 

 

mass, we should have the minimum dimension in XY and Z directions which is quite 

reasonable. Also, the side panels thickness, tsp, and the equal leg angles L-bars thickness, tb, 

and leg length, db, have their lower value. Nevertheless the different design margins of safety 

are positive and base on having the minimum mass, the primary structures should tolerate 

lower load loads from the launcher. Another point which can be confirmed with the results is 

that DAB and DBC do not have any effect on the satellite total. 

3.3 Multiobjective optimization: minimum satellite total mass 

versus minimum satellite structural mass  

Based on the results from the structure sizing tool seen in chapter 2, it can be seen that there 

are conflicting objectives involved in the design space. Due to this fact, a multiobjective 

optimization approach to the structure sizing tool is implemented. The important goal in this 

process is to look for the most appropriate Pareto-optimal solutions in a given design space 

and to select the best design baselines for future detailed design phases. The target design 

space for searching for the Pareto-optimal solutions is the output of the structure sizing tool 

for different values of variables indicated in Table 2.4. As highlighted in the introduction, for 

university-class microsatellite projects there are uncertainties about the payload at the early 

design phases. Therefore, stepping through a way which provides more mass budget for the 

payload can be considered an important criterion of optimization in such projects. Also, 

minimization of the satellite total mass is always demanded to reduce the total cost of the 

project, especially regarding the necessary assembly and testing facilities, as well as the 

launch cost. On the other hand, as seen in Fig. 2.6, lower satellite total mass results in lower 

mass budget for the payload. Therefore, maximum payload mass budget and minimum 

satellite total mass are inherently conflicting objectives. Pareto-optimal solutions concerning 

these two conflicting objectives gives valuable insight into the design in order to establish the 

optimum design baselines, such as satellite total mass and dimensions. 

For our design space the Pareto-optimal solutions are obtained as demonstrated in Fig. 3.6. 

The Pareto-optimal solutions are derived by searching the whole design space by means of the 

MATLAB multiobjective GA toolbox [46].  The settings are determined based on previous 

experience in using GA for the multidisciplinary design optimization application on the 

conceptual design of earth observation small satellites [45]. According to Fig. 3.6, for all the 

optimum design points, the higher the satellite total mass the lower the structure mass budget, 

which means more mass budget available for the satellite payload.  This general behavior of 

optimal design points is in accordance with the results shown in Fig. 5 for a case study of a 

satellite configuration with fixed satellite total mass msat=50 kg . It should be noted that in 

Fig. 3.6 the optimization algorithm searches through the whole design space while all the  
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Figure 3.6: Objective 1: msat, satellite total mass, Objective 2: α, satellite structure mass budget. 

design variables as well as satellite total mass are varying in their allocated boundaries 

indicated in Table 2.4. 

The other interesting result is obtained by comparing the behavior of two objectives for the 

satellite total mass above and below msat=40 kg. As seen in Fig. 3.6, for the satellite total mass 

in the range of 20-40 kg, the structure mass budget is a greater percentage of the satellite total 

mass. This means that for the satellite total mass in the range of 20-40 kg the mass budget 

available for the payload is equal or less than the structure mass budget considering the sum 

of the structure and payload mass budgets is 55% of the satellite total mass. On the other 

hand, for the satellite total mass in the range of 40-60 kg, the satellite structure mass budget is 

equal or less than 20% of the satellite total mass, which means the availability of more mass 

budget for the payload.  

Also, in Fig. 3.6, considering the slope of the Pareto, it is seen that for the satellite total mass 

in range of 20-40 kg the rate of change in structure mass budget with respect to the satellite 

total mass is higher compared with this rate of change for the satellite total mass in range of 

40-60. For example, this can be seen considering the derivative of a polynomial of order four 

fitted to the Pareto front data, which is the best fitting function for the data presented in Fig. 

3.6. Actually, for satellite total mass of 40 kg which represents the structure mass budget of 

20%, the derivative of fitting function (polynomial of order four) has an inflection point. 

From this, we can say that when the satellite total mass is more than 40 kg, the structure mass 

budget has less variation while satellite total mass is increasing. This lower rate of variation 

means that there exist optimum margin for obtaining as less as structure mass bud. From this 

comparison it can be concluded that the selection of the satellite total mass in the range of 40-
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60 kg can be considered as an optimum approach for a university-class microsatellite project 

fulfilling both mentioned objectives. 

3.4 Conclusion 

In this chapter, first a single objective optimization is applied to the structural sizing tool. 

According to the results indicated in Table 3.3 the obtained satellite minimum mass in the 

defined DSS is almost 30 kg. But, the structure mass budget, α, in this case is almost 30% of 

the satellite total mass while the available payload mass budget, β, is 25% of the satellite total 

mass. This result is in accordance with the structural sizing tool case study shown in Fig. 2.2 

from chapter 2. This means when the satellite minimum mass is the only optimization 

objective, then the structural mass budget, α,  is not necessarily be the minimum and the 

available payload mass budget, β, cannot be the maximum. 

As the satellite total mass and available mass for the unknown payload are conflictive 

objectives in order to find a Pareto-optimal inside the DSS, a multiobjective GA optimization 

is conducted. Based on optimization results it can be concluded that selection of the satellite 

total mass in the range of 40-60 kg can be considered as an optimum approach for a 

university-class microsatellite project with unknown payloads. The result of this work is 

useful in the early phases of design for those projects which have no exact information about 

the satellite payload, unlike the classical approaches which determine the payload of the 

satellite. 
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Chapter 4.                                

Satellite system design for Earth 

remote sensing missions 

The growing demand for the remote sensing missions has enabled the microsatellites to play 

an important role in the space technology applications. Microsatellites with their lower cost 

and less design time compared to the big conventional satellite projects are promising for 

LEO (Low Earth Orbit) remote sensing applications [14-19]. During the last decades, there 

has been a vast progress in the development of advanced technologies for microsatellites. 

These achievements resulted into the microsatellites competitive application for different 

space missions which remote sensing application is considerable among them [20-22]. 

Classically the design process of remote sensing missions starts with the definition of the 

mission requirements such as revisit time, RT, and ground sample distance, GSD. On the other 

hand, such mission requirements are interrelated with the payload design variables like 

payload aperture, DPL. Also, orbital characteristics like orbit altitude, h, influence the satellite 

subsystems design. These interactions between the different design variables sometimes are 

not understandable directly and cannot be evaluated easily in the design space. To this end, 

developing an integrated sizing tool for different design disciplines is very useful for 

preliminary design trade-off studies [34].  

In this chapter, focusing on remote sensing missions, first the orbital characteristics of a 

practical range of sun-synchronous Orbits (SS-Os) with different altitudes and revisit times 

are determined. Then, according to the mission requirements, the payload sizing process 

starts. Afterwards and based on a reference remote sensing payload and required aperture, the 

mass and power budgets of payload are calculated. The mass and power budgets of other 

subsystems including Attitude Determination and Control, Command and Data Handling, 

Telecommunication, Thermal Control and Structure are calculated using design estimation 

relationships from [34]. Among all the satellite subsystems, the power subsystem is highly 

affected by the mission requirements and orbital characteristics. In order to consider the 
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interrelations between these requirements and the power subsystem design process, a mission 

scenario is selected. In this scenario the remote sensing mission is scheduled to provide a 

global coverage belt parallel to the earth equatorial after each revisit time. 

After developing different design sizing tools for orbit, payload and bus, all of them are 

combined in a unified code in MATLAB. Some case studies are presented in order to evaluate 

the design space resulted from the developed unified sizing tool.  

4.1 Orbit design 

In LEO microsatellites with remote sensing missions, SS-O is the most commonly used orbit 

type [18-19, 22, 50]. SS-Os are orbits with the secular rate of RAAN (Right Ascension of 

Ascending Node) equal to the right ascension rate of the mean sun. In this case, the position 

of the line of nodes remains almost the same with respect to the sun’s direction [23]. This is 

the base of peculiar properties of SSOs in order to achieve key remote sensing mission 

requirements such as providing similar lighting conditions along the satellite ground tracks 

throughout the mission [51]. Almost in any textbook on the satellite and its related subjects 

such as [23, 31-33], there is some basic theory associated with how an orbit plane is perturbed 

as a result of the earth’s equatorial bulge. This bulge causes a component of gravitational 

force to be out of the orbit plane which results the orbit plane to precess gyroscopically. The 

resulting rotation is called regression of nodes which its rate can be calculated by: 

   
             

          
                                                             

where Ω′ is the rate of change in the longitude of ascending node, Re is the earth equatorial 

radius, a is the orbit semi major axis, i  is the orbit inclination, e is the orbit eccentricity, n is 

the mean motion of the orbit and J2 is the zonal coefficient equal to 0.00108263. For earth 

circular orbits this equation can be rewritten as: 

   
                    

          
                                                     

in which h is the orbit altitude. SS-Os are designed by matching the rate of regression of 

nodes to the rotational rate of the earth around the sun. By assuming this rotation circular with 

a period of one year, the regression of nodes should be equal and opposite the mean daily 

motion of 0.9856 deg/day. In this way the orbit plane will have a fixed position toward the 

sun and forms a SS-O. Based on this and considering Ω′= -0.9856 deg/day, a unique relation 

between altitude and inclination of SS-Os is obtained, which is depicted for the altitudes in 

range of 500-1000 km in Fig. 4.1.  
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Figure 4.1: Sun-synchronous orbits inclination and altitude relation. 

 

As seen in Fig. 4.1, sun-synchronous orbits due to their high inclinations provide global 

coverage at all latitudes with an exception of just a few degrees from the poles. 

Boain, R. J. in [50] describes the step by step process for SS-O design. Also in his work, it is 

explained in detailed which characteristics make SS-Os attractive for the earth remote sensing 

missions. In [50], it is demonstrated that RT can be a parameter in order to create unique SS-

Os using this equation TO= 86400 RT/R. In which, TO is the orbit period and R is the number 

of full revolutions of the satellite around the earth during RT. After calculating orbit period, 

by applying Kepler’s equation, the orbit altitudes for a SS-O can be calculated.  

Unquestionably, the orbit altitude has a great influence on the mission requirements and the 

satellite performance. Due to this fact selecting a practical range of altitudes at preliminary 

stages of the design is important in order to obtain meaningful trade-off studies. According to 

[31] the orbits with altitudes below 1000 km are considered as LEO. This upper limit is 

selected based on the great amount of the Van Allen radiation exposing on the satellite in 

higher altitudes. On the other hand, at the lower end of the altitude range atmospheric drag is 

the parameter which plays an important role. For orbital altitudes lower than 500 km the 

satellite can be affected seriously by atmospheric drag. This drag force results to slow 

decrement of the satellite altitude and has a negative effect on mission performance. Due to 

these facts, the range of altitude between 500-1000 km is selected for the orbit design. In 
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addition, this range of altitude is inside the performance margin of the majority of commercial 

launch vehicles [51-52]. 

After selecting an appropriate range for altitudes, a practical range for revisit time variation 

should be considered for the design process. In these projects usually this requirement is 

dictated by the scientific group of the project which mainly depends on the remote sensing 

applications. For the present sizing tool considering the practical remote sensing missions 

[53], the range of 3-26 days is selected for RT variation. 

Using Boain, R. J. [50] design steps and considering the above mentioned range for the 

altitude and revisit time, the SS-O design is realized in the sizing tool. In Fig. 4.2, the revisit 

time is shown for different SS-Os with altitudes in range of 500-1000 km and RT between 3 to 

10 days in which the number of revolutions is stated beside the corresponding point in each 

SS-O choice. For example in case of RT=5 days, it is seen that there are six distinct SS-O 

scenarios with 76, 74, 73, 72, 71 and 69 revolutions. These scenarios correspond to orbital 

altitude of 506, 629, 693, 825 and 964 km respectively.  

 

 

Figure 4.2: Revisit time versus altitude for sun-synchronous orbits. 

4.2 Payload sizing 

In the remote sensing missions, one of the important parameters in the payload design is the 

required GSD for sampling the target area. The required GSD depends on both the 
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technological level of the payload instrument and the orbit altitude. Hereafter, GSD refers to 

the achievable spatial resolution which depends on optical rules and orbit altitude rather than 

technological constraints. According to Rayleigh diffraction criteria [31], the payload 

aperture, DPL, and the angular resolution, Ɵr, are related with Ɵr=1.22λ/DPL, in which λ is the 

wave length of the electromagnetic spectrum selected for the payload. On the other hand, 

GSD at the satellite nadir point is a function of the orbit altitude, h, and the angular resolution, 

Ɵr, which is calculated by GSD=2hƟr. Therefore, GSD as a mission requirement is 

interrelated with both satellite orbit and the payload characteristics.  

The electromagnetic spectrum wave length, λ, is a variable that is dictated by the science 

mission team in accordance with remote sensing required application. For the present work, 

the Multi-Spectral Mid-IR remote sensing instrument with λ=4 μm is considered as the 

reference payload [31]. In order to calculate the mass and the power of the payload, a design 

relationship is used as a function of r=DPL/DRef  which is the aperture ratio between the under-

design payload and the reference payload. Different steps in payload sizing process are 

summarized in Fig. 4.3. 

 

 

Figure 4.3: Payload sizing process. 
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4.3 Bus design 

The mass and power budgets of the different subsystems including Attitude Determination 

and Control, Command and Data Handling, Telecommunication and Thermal Control are 

determined based on design estimation relationships from [34] which are indicated in Table 

4.1. 

The structural mass, according to the results obtained from chapter 3, is considered to be 20% 

of the satellite total mass to have an optimum design baseline. The payload mass is going to 

be calculated based on mission requirements. 

Table 4.1: Satellite subsystems mass and power budgets. 

Subsystem Mass budget of msat Power (W) 

Attitude Determination and Control 
10% Active:  0 .0036 Pav+18.304 

Passive:  -0.0152 Pav+8.858 

Command and Data handling 5% -0.03 Pav+15.39 

Telecommunication 5% 0.0456 Pav+25.583 

Thermal Control 2% 0.0067 Pav+0.7862 

Structure 20% - 

Power 23% - 

Payload To be calculated (max 35%) To be calculated 

 

As seen in Table 4.1 the power subsystem has an important mass budget of the satellite total 

mass. On the other hand, the power subsystem is highly affected by the mission requirements 

and orbital variables. Due to these facts its design process is done considering solar array 

sizing and battery sizing. This approach gives a better understanding of interrelation between 

the mission requirements and the power subsystem variables which affect the whole system 

design characteristics like the satellite total mass. In the power subsystem sizing process the 

classical formulas are used from different resources [31-33].  

4.4 Solar array sizing 

Solar array design process is mainly affected by the power consumption profile of the 

different subsystems and remote sensing payload. Power required to be produced by the solar 

arrays is calculated by: 

    (
    
  

 
    

  
 )                                                         
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in which, Psa is the power required from solar arrays during daylight, Pd is the power required 

by satellite during orbit daylight,  Pe is the  power required by satellite during eclipse, Te  is 

the eclipse duration, Td  is the orbit daylight duration,  Xe  is the power transmission efficiency 

from solar arrays to batteries and then to individual loads (~0.60), and Xd  is the power 

transmission efficiency from solar arrays to loads (~0.80) [31]. 

Chobotov, V. A. in [54] suggest a formula for calculating the eclipse as: 

            (
         

   

             
)                                                     

where fe= Te/TO is the eclipse fraction of the orbit and βsun is the sun angle. The exact amount 

of βsun depends on the launch window and usually is calculated with computer programs with 

algorithms for both the solar ephemeris and for propagating the orbit elements in time. For the 

present work applicable to early design phases, it is assumed that βsun=0º which implies that 

the sun is located in orbital plane and at 12:00 AM and 12:00 PM local times the satellite will 

pass above the earth equatorial.  

After calculating the orbit day light duration, Td, and eclipse, Te, in order to calculate the 

required power in each of these periods, the remote sensing mission scenario is assumed as 

follow; a) remote sensing mission is realized during the orbit daylight as well as eclipse with 

equal duration in each period, tPL is the whole duration of remote sensing mission, b) mission 

is realized at the same latitudes in orbit daylight and eclipse in order to have a uniform 

coverage parallel to the earth equatorial after each revisit time, and c) subsystems operations 

are scheduled according to Table 4.2.  

Table 4.2: Satellite subsystems operations schedule per orbit. 

Subsystem Operation schedule 

Attitude Determination and Control 
Active: 2 min before and 2 min after mission.  

Passive: in the rest of orbit.  

Command and Data handling Active through all orbit. 

Telecommunication Active during tCOM = 2tPL. 

Thermal Control Active during eclipse. 

 

Considering the subsystem operations schedule and the power budget of different subsystems 

indicated in Table 4.1, the total power which should be provided by solar arrays per orbit, Psa, 

is calculated. Also, the mass of the four solar arrays is calculated based on Psa and the 

properties of two typically used solar cells, Si (Silicon) and Ga-As (Gallium Arsenide) [31]. 
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4.4.1 Battery sizing 

Battery sizing process starts by calculating the required capacity of the batteries for the whole 

mission life, ML. The required capacity is calculated by: 

   
    

       
                                                           

where Xb-l is the power transmission efficiency from batteries to loads (~0.70), and DOD is 

the battery depth of discharge. DOD is defined as the percent of total battery capacity 

removed during a discharge period. Higher percentages imply less cycle life, CL, as shown in 

Fig. 4.4 from [31, 53].  

 

Figure 4.4: Depth-of-discharge versus cycle life for different batteries. 

It is described that each SS-O represents a specific number of revolutions in a specific revisit 

time. For example according to Fig. 4.2 a SS-O with 810 km altitude and RT= 4 days, the 

satellite should complete 57 revolutions. Considering this fact and the assumed mission 

scenario, the satellite cycle life, CL, is defined by CL=365ML×R/RT in which ML is the 

mission life of the satellite in years and R is the number of full revolutions of the satellite 

around the earth during RT. By calculating CL from this equation, the amount of DOD is 

determined from Fig. 4.4 depending of the battery type. Finally, considering the mission 

scenario and having the amount of the required power during eclipse, Pe, the required capacity 

is calculated for the batteries. The mass of the batteries is calculated based on the required 

capacity and the properties of the battery type. In the power subsystem sizing tool three types 
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of batteries Ni-Cd (Nickle Cadmium), Ni-H2 (Nickel Hydrogen) and Li-Ion (Lithium Ion) are 

considered as the design choices. The specific energy of the different batteries technology 

with space application heritage is indicated in Table 4.3 [56]. 

Table 4.3: Specific energy of different space application batteries. 

Battery type Specific energy [Wh/kg] 

Ni-Cd 24 

Ni-H2 35 

Li-Ion 90 

 

The power subsystem total mass is calculated from the mass of the solar arrays and the 

batteries plus 30% margin to account for the power control units electronics and required 

harness. The different steps in power subsystem design process are shown in Fig. 4.5. 

 
Figure 4.5: Power subsystem sizing steps. 
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The hypotheses behind setting the different steps shown in Fig. 4.5 are described hereafter; in 

step 1, an initial value is assumed for the satellite average power consumption, Pav-i . Based on 

this initial value and the orbit daylight period, the total required power which should be 

provided by the solar arrays is calculated, Psa-1. This calculation is done using the energy 

balance equation Psa-1=TOPav-i/Td . In step 2, using the design estimation relationships 

indicated in Table 4.1 as well as the selected mission scenario from Table 4.2, the satellite 

total power consumption is calculated for each orbit, Psa-2. In step 3, if the difference between 

Psa-1 and Psa-2, is less than 0.1 W, the solar array and batteries are sized and the power 

subsystem mass is calculated. If not, the initial introduced average power is modified in such 

a way that the algorithm converge to the satisfaction of the mentioned condition.  

4.5  Integrated satellite system sizing tool 

In order to evaluate the interrelations between the different design variables in the design 

space, the different design disciplines are combined in a unified code called satellite sizing 

tool hereafter. Different steps of the satellite sizing tool are seen in Fig. 4.6.  

 

Figure 4.6: Satellite sizing tool calculation steps. 
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In step 1, the orbital characteristics for the different SS-O choices are determined and the 

input variable values are selected. In step 2, according to the orbit altitude and the process 

indicated in Fig. 4.3, the remote sensing payload mass and power budgets are calculated. In 

step 3, first the power subsystem mass is calculated according to the process shown in Fig. 

4.5. Then assuming the power subsystem mass budget equal to 23% of the satellite total mass, 

msat, as indicated in Table 4.1, the satellite total mass and then the different satellite 

subsystems mass are calculated. In step 4, if the difference between the calculated satellite 

payload mass, mPL, is less than the maximum allocated payload mass budget, i.e. 35% of the 

satellite total mass, the additional mass is being added to the payload mass budget. If not, the 

payload resolution requirement, GSD, is decreased in order until fulfill the condition.  

The developed satellite system sizing tool provides an extended design space which contains 

both mission and system design variables. Design variables consist of four mission variables 

as well as two system variables. The mission variables include ML, RT, tPL and GSD. The 

system level variables are representative for the technology choices in selection of solar cells 

between Si and Ga-As and battery cells between Ni-Cd, Ni-H2 and Li-Ion. The range of 

variation of mentioned variables are indicated in Table 4.4. 

Table 4.4: Satellite sizing tool variables. 

Variable 
ML 

(year)
 

RT 

(day) 

tPL 

(min)
 

GSD 

(m) 

SCtype 

 

BTtype 

 

Variation 

limit 
[3,5] [3-26] [5,20] 

 

 

[30,200] 

Si 

or 

GaAs 

Ni-Cd 

or 

Ni-H2 

or  

Li-Ion 

 

Some specific design cases are investigated inside the design space for evaluation the effect of  

different design variables on the satellite total mass. The results are presented in Fig.4.7 to 

Fig.4.12. 

As seen in Fig.4.7, by increasing the mission life the satellite total mass increases. This is due 

to the mass increment in the power subsystem in order to support the satellite during longer 

operation in orbit. In Fig.4.7, all the three indicated altitudes are representatives for RT=14 

days. The small difference between the satellite total mass with altitude variation also is 

because of the variation in power subsystem mass according to the changes in orbit day light 

period, Td, and orbit eclipse, Te, with orbit altitude variation. 

In Fig.4.8(a, b, c, d, e), it is seen that for the different altitude ranges between 500-1000 km, 

the effect of the revisit time, RT, on the satellite total mass is not considerable. As seen in 
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Fig.4.8(a, b, c, d, e), for all of the design points with different range of altitudes, while revisit 

time varies, there is no a considerable variation in the satellite total mass.  So, it can be 

concluded that revisit time itself has not a major effect on a system level characteristic like the 

satellite total mass for a specific mission life ML=4 years. But as seen in Fig.4.9 with the 

same mission life duration the satellite access to the remote sensing target area is decreasing 

when the revisit time increases. This result gives useful insight to the design team for 

appropriate decision making considering the interrelation between a system level 

characteristic, satellite total mass, and a mission performance variable as number of satellite 

access to the remote sensing area. 

 

Figure 4.7: Mission life, ML, effect on satellite total mass, msat, when RT=14 days, tPL=10 min, 

GSD=100 m, SCtype=Si, BTtype=Ni-H2. 

 

 

(a) 

 

(b) 
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(c) 

 

(d) 

 

(e) 

Figure 4.8: Revisit time, RT, effect on satellite total mass, msat, when ML=4 years, tPL=10 min, 

GSD=100 m, SCtype=Si, BTtype=Ni-H2. 

 

Figure 4.9. Revisit time, RT, effect on number of satellite access to the same region for ML=4 years. 
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Figure 4.10. Remote sensing time, tPL, effect on on satellite total mass, msat, when ML=4 years, 

GSD=100 m, SCtype=Si, BTtype=Ni-H2 and h=589 km. 

 

Fig.4.10 shows that by increasing the remote sensing duration per orbit, the satellite total mass 

increase. This is mainly because of increase in satellite power subsystem mass. 

 

 

(a) 

 

(b) 
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(c) 

 

(d) 

 

(e) 

 

 

(f) 

Figure 4.11: Solar cell, SCtype, and battery, BTtype , effect on satellite total mass, msat, when ML=4 years, 

tPL=10 min, GSD=100 m, RT=14 days and h=589 km. 

 

As seen in Fig.4.11(a, b, c, d, e, f) the solar cell and battery type has an important effect on the 

satellite total mass. These effects which are related to the space parts and components are not 

foreseen at the early stages of the design normally. Nevertheless, knowing their system effect 

will provide useful inputs for the future part procurement process in such projects. 
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4.6 Conclusion 

In this chapter, focusing on remote sensing mission for the microsatellite, the sizing tool of 

the different disciplines like orbit, payload, and the bus of the satellite has been developed. 

Then, all these design sizing tools are combined and an integrated sizing tool . The developed 

satellite system sizing tool provides an extended design space which contains both mission 

and system design variables. Design variables consist of four mission variables as well as two 

system variables. The mission variables include ML, RT, tPL and GSD. The system level 

variables are representative for the technology choices in selection of solar cells between Si 

and Ga-As and battery cells between Ni-Cd, Ni-H2 and Li-Ion. The effect of different design 

variables in their appropriate and practical variation range has been studied. The result of the 

integrated sizing tool can give useful insight to the design team at the early stages of the 

design. Also, in the selected DSS some general conclusions for the design baseline can be 

done as follow:  

 When ML increases, the satellite total mass increases. 

 With RT variation, there is not a considerable change in the satellite total mass. 

 When RT increases, the access time to the remote sensing area decreases. 

 When tPL, the imaging time, increase the satellite total mass increase as a result of 

increase in power subsystem mass. 

 For reaching to the minimum satellite total mass, the best choices for the solar cell and 

battery type are: Si and Li-Ion respectively. 

The obtained results show a clear interrelation between different design variables that have 

been selected. The developed satellite system sizing tool for remote sensing mission can be 

used to practice concurrent engineering method at conceptual design phase. Even though not 

all of the subsystems are modeled, the concurrent interactions between mission, power and 

payload subsystem can be identified. 
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Chapter 5.                 

Multidisciplinary design optimization  

5.1 Evolution of aerospace systems design methods 

During the first years of the aerospace engineering discipline, 1903 to 1930, the aviation and 

mainly the aircraft design was the main topic.  The design methodology at this period was 

nothing more than the knowledge of one or more individuals in different key disciplines such 

as aerodynamics, structures and material, manufacturing, propulsion and flight tests.  

Years later and during 1930 to 1950, by development of wind tunnels and structural analysis 

tools the detailed design level of these disciplines before incorporation to the system design 

has been changed. In other words, based on the past experiences and also the capability of 

performing more detailed analysis and tests for each discipline like aerodynamics and 

structures, more detailed design variables and knowledge were known for the designers. On 

the other hand the mass production during World War II imposed an important progress on 

manufacturing techniques. At this step, it was not easy for one individual to keep track of all 

of this information and the role of a system engineer seemed to be required. 

From 1950 to 1970 the design methodology became important. During these years the space 

born vehicles came to reality. These products unlike an aircraft are single use vehicles. This 

characteristic introduced special concerns into the design process of space vehicles. On the 

other hand due to the improvement of computers and processing power for simulation, the 

performance became an important design criterion. Now the designers should step into the 

research areas in order to find the solutions which will increase the performance. In early 

1980s an ongoing progress and focus on the design methodologies started.  

From 1980 until late 1990s, the revolution in electronics design and competitive ambient in 

aerospace industry resulted into the product assurance and quality management involvement 

in the aerospace design. In these two decays, not only the small companies but the 

governments were investing considerable amounts of money and of course they were looking 
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for better performance and lower risks. But this was not the end of demands and after the 

pioneer projects, reducing the cost in aerospace projects became an important factor. At this 

time, late 1990, by in depth improvement in engineering methods, there has been realization 

that considering different disciplines and constraints in the design environment at the same 

time during the design phase may result to a less development time and as the consequence 

lower cost. This realization came to build up a new concept in the design as concurrent 

engineering. The most common definition in space engineering field for the term concurrent 

engineering can be considered as: “Concurrent Engineering is a systematic approach to 

integrated product development that emphasizes the response to customer expectations. It 

embodies team values of co-operation, trust and sharing in such a manner that decision 

making is by consensus, involving all perspectives in parallel, from the beginning of the 

product life-cycle.” Form late 1990 up to now, the application of concurrent engineering in 

different forms has been considered in spacecraft projects. One of the best examples of this 

application is the ESA (European Space Agency) CDF (Concurrent Design facility). This 

CDF uses the concurrent engineering methodology for effective, fast and cheap space mission 

studies which is operational from year 2000. A general overview of ESA CDF can be found in 

[58].  

In late 1990s, in addition to the concurrent engineering application to the design in the form of 

the integrated design tools or concurrent design facilities, the MDO (Multidisciplinary Design 

Optimization) methodology came into practice. The application of MDO is spacecraft projects 

are of interest because of existence of conflicting objectives in the spacecraft design. The 

satellite design is a good example of the complex system design including different 

interacting engineering disciplines. The satellite design includes different steps starting from 

idea, forming the conceptual design and resulting to the preliminary design at the early 

phases. Later on, the detailed design and manufacturing is faced. On important aspect in the 

satellite design is the decay of design freedom versus design evolution. This means that by 

progressing different phases of the design, the knowledge of the design will increase while 

design modification or design change maybe quite limited or sometimes impossible 

considering the schedule constraints. This can be seen in Fig. 5.1. 

In Fig. 5.1, the Y-axis is representative for maturity level (0 to 100%) of three important 

concepts during the typical satellite design process until production phase. These three 

concepts are design cost, design knowledge and design freedom. The design cost refers to the 

expenses that are committed to the project. Design knowledge is representative for the amount 

of reliable knowledge that we have from the design in different aspects such as technical, part 

procurement etc. Design freedom is an indicator for the possibility of modifications that can 

be done on the under design satellite.  
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Figure 5.1: Paradigm shift in typical satellite project life cycle until production phase deducted from 

[59, 60, 61]. 

As seen in Fig. 5.1 in the satellite design life cycle most of the costs are typically committed 

in the early phases while still not the complete knowledge about the design is obtained. On the 

other hand, there is continuous pressure to select the best design baseline considering the 

performance according to the selected mission. The depicted paradigm shift (from solid lines 

to dashed lines) in Fig. 5.1 seems to be very promising for the satellite projects. By realization 

of such a paradigm shift, during the early phases of the design the amount of design 

knowledge will be more while the committed project cost is less. On the other hand, due to 

the higher amount of design knowledge, design freedom will be more compared to the past 

design methodologies. 

In different space mission design projects, concurrent engineering has been practiced 

successfully. In this methodology different design disciplines are being practiced individually 

but at the same time in an integrated design environment. However, due to the high level 

integration and high number of variables in the whole design space, usually finding an 

optimum design covering system level criteria is getting very complex. The MDO 

methodology can provide techniques in order to meet the optimal design options in such a 

complex design space like satellite design. An example of performing concurrent optimization 

in the MDO framework can be found in [62]. 
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5.2 Satellite design formulation for MDO application 

Based on the works done in [12, 41, 42, 63], the application of MDO to the conceptual 

spacecraft design seems to be successful and useful practice. According to the design problem 

and optimization objectives, MDO can be applied to different levels of a system design. For 

the developed satellite sizing tool introduced in chapter 4 and in order to apply MDO to the 

problem of the conceptual design of the remote sensing SS-Os microsatellites, a basic MDO 

framework is used as shown in Fig. 5.2. 

 

 

Figure 5.2: Fundamental parts of MDO application framework to the satellite conceptual design.  

 

As seen in Fig. 5.2, MDO framework divides the whole design problem into four parts; a) 

design variables which are the sizing tool inputs as variables from different design disciplines 

having a major influence on the whole design characteristics, b) satellite sizing tool which is 

the mathematical model of the different design disciplines correlated to each other in order to 

constitute a road from design variables to the design output, c) optimization objective which 

are defined as the design output which are desired to be optimized, d) optimization algorithm 

which is a mathematical tool linked to the design space created by the satellite sizing tool for 

finding the optimum design point(s) in the whole design space. 

The satellite system sizing tool is introduced in Fig. 4.6 in chapter 4 and genetic algorithm is 

selected as the optimization algorithm according to the explanation given in chapter 3. 
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The MATLAB GA toolbox settings for the satellite total mass single optimization function 

are indicated in Table 5.1. The short description of different parts of the MATLAB GA 

toolbox can be found in Appendix A. 

5.2.1 Single objective optimization: minimum satellite total mass 

In application of GA to the satellite structure sizing tool which its calculation steps are shown 

in Fig. 2.4, use of initial population was not necessary. This is due to the fact that for the 

objective function, there was not any penalty function defined, this means that the objective 

function was written in such a way that the calculation of the satellite total mass was a smooth 

function of different steps of the structure sizing tool. On contrary, in the definition of 

objective function for the satellite total mass, considering the different steps of the satellite 

system sizing tool which its different steps are shown in Fig. 4.6, it is necessary to define a 

penalty function. The penalty function in this case forces the GA to search for the best 

individual (objective function) while different variables are representative for acceptable 

values in the design sear space. In case of the satellite system design, due to the fact that we 

are combining the mission, orbit parameters and the system design variables at the same time 

without introducing a sample initial population, the GA is not able to cross over the 

populations which are not representative for acceptable values. For example according to the 

Fig. 4.2, there is specific revisit times (in days) linked to specific orbital altitudes. When the 

variation range of these two variables are introduced to the GA, the algorithm itself is not 

capable to return the acceptable values of these variables while searching for the objective 

(e.g. minimum mass) automatically. So, it is required to put a constraint on the algorithm 

which in this case a penalty function on the optimization objective is selected.  

On the other hand, in order to have some eligible population capable of producing generations 

which are acceptable (not trapped in the penalty function) three different sets of initial 

population for the calculations are selected. The reason to select three initial population set is 

to check the GA and objective function sensitivity to the initial populations. The initial 

populations consist of 20 populations in three categories indicated in Table 5.1: 

 

 Initial populations (A) are selected based on minimum values of three variables, DPL, 

tPL, and ML and stochastic values of relevant h and RT. 

 Initial populations (B) are selected based on maximum values of three variables, DPL, 

tPL, and ML and stochastic values of relevant h and RT. 

 Initial populations (C) are selected based on stochastic values of all five variables, 

DPL, tPL, ML, h and RT. 
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Table 5.1: Initial populations A, B and C considered for GA optimization. 

Initial populations A Initial populations B Initial population C 

 

h 

[km] 

 

RT 

[days] 

DPL 

[cm] 

tPL 

[min] 

ML 

[years] 

h 

[km] 

RT 

[days] 

DPL 

[cm] 

tPL 

[min] 

ML 

[years] 

h 

[km] 

RT 

[days] 

DPL 

[cm] 

tPL 

[min] 

ML 

[years] 

781 3 15 5 3 781 3 18 20 5 508 26 15 5 5 

808 4 15 5 3 808 4 18 20 5 812 21 15.5 7.5 4.75 

506 5 15 5 3 506 5 18 20 5 629 5 16 10 4.5 

619 6 15 5 3 619 6 18 20 5 667 25 16.5 12.5 4.25 

749 7 15 5 3 749 7 18 20 5 702 7 17 15 4 

937 8 15 5 3 937 8 18 20 5 503 19 17.5 17.5 3.75 

533 9 15 5 3 533 9 18 20 5 997 24 18 20 3.5 

929 10 15 5 3 929 10 18 20 5 677 20 15 20 3.25 

681 11 15 5 3 681 11 18 20 5 957 11 15.5 17.5 3 

865 12 15 5 3 865 12 18 20 5 690 18 16 15 3.25 

520 13 15 5 3 520 13 18 20 5 841 13 0.16 12.5 3.5 

679 14 15 5 3 679 14 18 20 5 747 23 17 10 3.75 

988 15 15 5 3 988 15 18 20 5 619 6 17.5 7.5 4 

705 16 15 5 3 705 16 18 20 5 665 16 18 5 4.25 

513 17 15 5 3 513 17 18 20 5 997 17 15 20 4.5 

799 18 15 5 3 799 18 18 20 5 541 12 15.5 17.5 4.75 

633 19 15 5 3 633 19 18 20 5 790 23 16 15 5 

614 20 15 5 3 614 20 18 20 5 792 10 16.5 12.5 4.75 

961 21 15 5 3 961 21 18 20 5 703 4 17 10 4.5 

755 22 15 5 3 755 22 18 20 5 974 22 17.5 7.5 4.25 

The MATLAB GA toolbox settings are indicated in Table 5.2. 

Table 5.2: MATLAB GA toolbox settings. 

Number of variables 

5
 

h 

[km] 

RT 

[days] 

DPL 

[cm] 

tPL 

[min] 

ML  

[years]
 

Constraints 

Boundary type 

h [500,1000] km 

RT [3,26] days 

DPL 
[15,18] cm 

tPL [5,20] min 

ML
 

[3,5] years 
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Population 

Type: Double vector 

Size: 20 

Creation function: Uniform 

Initial population Necessary (three different categories selected). 

Fitness scaling Rank 

Selection Stochastic uniform 

Reproduction 
Elite count = 10 

Crossover fraction = 0.8 

Mutation Adaptive feasible 

Crossover 
Heuristic 

Ratio = 1.2 (default) 

Migration Forward 

Stopping criteria Generations: 1000 

Plot functions 
Best fitness 

Best individuals 

 

In Fig. 5.3 to Fig. 5.11 the plots of optimization process for 9 GA runs are presented. 

 

 

Figure 5.3: Satellite total mass, msat, minimization process, initial population (A), run #1. 
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Figure 5.4: Satellite total mass, msat, minimization process, initial population (A), run #2. 

 

 

Figure 5.5: Satellite total mass, msat, minimization process, initial population (A), run #3. 
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Figure 5.6: Satellite total mass, msat, minimization process, initial population (B), run #1. 

 

 

Figure 5.7: Satellite total mass, msat, minimization process, initial population (B), run #2. 
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Figure 5.8: Satellite total mass, msat, minimization process, initial population (B), run #3. 

 

 

Figure 5.9: Satellite total mass, msat, minimization process, initial population (C), run #1. 
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Figure 5.10: Satellite total mass, msat, minimization process, initial population (C), run #2. 

 

 

Figure 5.11: Satellite total mass, msat, minimization process, initial population (C), run #3. 
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In Fig. 5.3 to Fig. 5.11, the current best individual diagrams are representative for the design 

variables at the optimum point. They are scaled for having the same order of magnitude for 

being more visible in the diagram. This means that the value seen in the “current individual 

axis”for the first variable, h, should be multiplied by 100 to give the exact value of orbital 

altitude in km. The other variables have the same dimension as indicated in Table 5.2. 

As seen in all of the 9 runs depicted in Fig. 5.3 to Fig. 5.11 the best fitness value which is the 

calculated total mass of the satellite tends to a similar value. Comparing the minimization 

process while using initial population (B), Fig. 5.6 to Fig. 5.8, it seems that it take more 

generations, almost 100, until the GA can be stable around the minimum value of the 

objective function. This can be the result of initial population (B) effect on the satellite total 

mass. As indicated in Table 5.1, initial population (B) contains the maximum values for the 

three design variables DPL, tPL, and ML which result to more satellite total mass. Never the 

less after 100 generations, the GA become stable around the global minimum objective 

function. The optimal design point properties in all of the 9 runs are indicated in Table 5.3. 

 

Table 5.3: The results of 5 runs of genetic algorithm optimization for satellite total mass minimization. 

Optimum  

design case # Run (Initial population) 

h [km] RT [days] DPL 

[cm] 

tPL [min] ML  

[years]
 

Objective 

msat 

[kg]
 

1 1 (A) 749 7 15 5 3 31.3 

2 2 (A) 749 7 15 5 3 31.3 

3 3 (A) 938 8 15 5 3 30.3 

4 1 (B) 749 7 15 5 3 31.3 

5 2 (B) 619 6 15 5 3 32.1 

6 3 (B) 938 8 15 5 3 30.3 

7 1 (C) 841 13 15 5 3 30.8 

8 2 (C) 841 13 15 5 3 30.5 

9 3 (C) 841 13 15 5 3 30.8 

 

According to the results, it is seen that DPL, tPL and ML for all of the runs have the same value 

equal to their lower boundary value. This shows that in order to reach to a minimum satellite 

total mass, we should have smaller payload, minimum duration of remote sensing mission and 

minimum mission life. These results are reasonably in accordance with what has been 

obtained in chapter 4 from the integrated satellite system sizing tool case studies. Also for all 

of the cases indicated in Table 5.3 the battery type is Li-Ion which makes the satellite total 
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minimum. The type of the battery cell has a major influence on the satellite total mass as seen 

in Fig.11 in chapter 4. 

On the other hand, the two related variables as h and RT have different values in some of the 

different runs. Considering RT, it was shown in chapter 4 that the satellite total mass is not 

affected considerably from RT variation. This is also approved by the results indicated in 

Table 5.3. But a shorter RT results to more access to the remote sensing area. Considering h, 

the GSD which is achievable spatial resolution is being affected, even though the satellite total 

mass will not change in different altitudes. The number of satellite access and also GSD for 

the optimum design cases with different altitudes is indicated in Table 5.4. 

 

Table 5.4: The different optimum results for the satellite total mass minimization. 

Optimum 

design case # 
Run (Initial population) 

h 

[km] 

RT 

[days] 

No. of access to 

the remote sensing 

area 

 

GSD 

[m]
 Objective 

msat 

[kg]
 

1 1 (A) 749 7 156 49 31.3 

3 3 (A) 938 8 137 61 30.3 

5 2 (B) 619 6 183 40 32.1 

7 1 (C) 841 13 84 54 30.8 

 

As indicated in Table 5.4, considering the two favorable performance parameters, more access 

to the remote sensing area during the mission life and higher achievable spatial resolution, 

optimum design cases 1 and 3 respectively are the best choices. 

In addition, the minimum satellite total mass obtained in our case is almost 31 kg. This value 

seems lower than the average total mass of the real microsatellites with remote sensing 

mission. The data of twelve microsatellites with remote sensing mission is indicated in Table 

5.5.  This deviation can be the result of considering only a single objective optimization as 

“total mass minimization” in our MDO application to the integrated satellite sizing tool. In 

this case the battery type for all of the cases indicated in Table 5.3 is Li-Ion and also the 

average power of the satellite is 33 W. The other important parameter causing the obtained 

comparative low mass, 31 kg, is the assumed mission scenario discussed in chapter 4. Due to 

the fact that different mission scenarios will result to a different power consumption profile, 

the design of the power subsystem is highly influenced by the mission scenario. So, the 

satellite total mass may vary for different Earth observation missions.  
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Table 5.5: General information of 12 Earth observation microsatellites [65].  

Project 
Country of 

operator 

Altitude 

[km] 

Mass 

[kg] 

Power 

[W] 

Year of 

launch 

Expected 

mission 

life 

[year] 

DLR Tubsat Germany 712-732 45 120 1999 1  

Bird-2 Germany 500-521 77 120 2001 1.5 

Badr2 Pakistan 984-1014 70 - 2001 >2 

Mozhayets 4 Russia 669-690 64 - 2003 - 

Saudisat-2 Saudi Arabia 696-734 35 - 2004 - 

INDEX Japan 595-638 70 - 2005 - 

COSMIC-F Taiwan/USA 772-828 70 46 2006 2  

LAPAN-Tubsat Indonesia 617-637 56 14 2007 - 

IMS 1 India 620-637 83 220 2008 - 

Deimos 1 Spain 661-662 90 - 2009 5  

X-Sat Singapore 801-823 91 175 2011 3  

Vesselsat-1 USA 847-867 29 - 2011 - 

5.3 Conclusion 

In this chapter, a short back ground about the evolution of the design methodology from the 

first years of aerospace vehicles design and manufacturing was presented. It is concluded that 

satellites as single use vehicles are more demanding in improvement of design methodologies 

in order to increase the performance and also reliability. Considering the concurrent 

engineering method applicability to the satellite system design, adding optimization 

algorithms at the same time in the design phase will result to better design baselines. This has 

been the origin of the MDO methodology and its applicability has been practiced successfully 

at least in the early design phases of satellite design projects. Hiring MDO methodology may 

result to an important paradigm shift which in the typical satellite design phase. In other 

words, MDO with provision of a systematic approach enables the design team to know more 

and more about the design prior to the design freezing phases which the majority of the 

project cost has been already committed and any further modification means high cost. 

A simple MDO framework has been applied to the satellite system design sizing tool for a 

remote sensing microsatellite described in chapter 4. The adaptation of the objective function 

to GA was done using appropriate penalty function as well as initial population. The MDO 

framework was concluded by single objective design optimization considering minimum 

satellite total mass. The results of the GA optimization based on three different initial 
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populations are presented. An acceptable robustness of the objective function toward initial 

populations can be concluded from the obtained results. 

Focusing on the results, one can obtain useful system level information about the interaction 

of different design disciplines. Even though the performance parameters such as number of 

access to the remote sensing area and the ground sample distance were not considered in the 

system level optimization chain, but application of MDO provides such data. It can be 

concluded that application of MDO is very useful because it gives an objective oriented 

approach to the design.  
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Chapter 6.                          

Conclusions and future works 

During the last decades there has been a growing interest for the universities to take 

participate in the real space projects by starting their own small satellite projects. The majority 

of these projects can be categorized in the microsatellite projects which their total mass in less 

than 100 kg. This thesis is done in the context of the UPMSat-2 project, which is a 

microsatellite under design and development at the Instituto Universitario de Microgravedad 

“Ignacio Da Riva” (IDR/UPM) of the Universidad Politécnica de Madrid. There exist some 

challenges for the university-class microsatellite projects such as limited budget and facilities. 

On the other hand, even though the main objectives of such projects are educational purposes, 

the successfully realization of the microsatellite covering all of the design phases until 

manufacturing is considerably important. 

In university-class microsatellite projects in order to reduce the cost the strategy of being 

launched as an auxiliary payload is an opportunity. This opportunity will dictate some 

constraints in the satellite system design baselines like the satellite total mass and the satellite 

maximum dimensions, acceptable allocated volume on the launcher. In addition to these 

constraints, there is usually a set of strength and stiffness requirements imposed from the 

launcher. As the most of these constraints are related to the structural subsystem, this 

subsystem is considered for more detailed investigation. As seen in chapter 2, a simple and 

rapid approach for the structural design of low cost, university-class microsatellite projects is 

developed. In the structural sizing tool, the structural elements are selected in such a way that 

they can be analyzed by classical structural analysis formulae. The microsatellite static and 

dynamic models are developed. Two design indicators, α which represent the satellite 

structure mass budget, and β which represents the payload mass budget, are defined. The 

effects of the structural variables, and the satellite total mass and dimensions on these design 

indicators are evaluated in some design cases. The results of this chapter were published in 

the following conference proceedings: 
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o Ravanbakhsh, A., Franchini, S., 2011. Rapid Sizing Tool for a Low Cost University 

Microsatellite Structure Subsystem. in:  proceedings of  5
th

  International Conference 

on Recent Advances in Space Technologies RAST 2011, June 2011, Istanbul, Turkey. 

o Ravanbakhsh, A., Franchini, S., 2010. Preliminary Structural Sizing of a Modular 

Microsatellite Based on System Engineering Considerations. in:  proceedings of 3
rd

 

International Conference on Multidisciplinary Design Optimization and Applications, 

June 2010, Paris, France. 

The other challenge that usually exists in these projects is the undefined mission or payload at 

the early phases of the design. As the main objective for the university-class microsatellite 

projects is educational purposes, there is not any definite payload or mission usually in the 

early phases of the project. This limits the design team flexibility to start the design based on 

classical approach in which the satellite system design starts with the payload requirements 

definition. On the other hand, the design baselines such as the satellite total mass and the 

satellite dimensions are required to be defined at early design phases. In order to avoid major 

design changes with cost and schedule consequences, application of appropriate optimization 

at the early design phases is rather important. This optimization study has been implemented 

successfully in the present work and compared to the classical satellite system design 

approach, can be considered as the original contribution to the university-class microsatellite 

projects. As the results presented in chapter 3, first a single objective optimization is applied 

to the structural sizing tool. According to the results the satellite minimum mass in the defined 

DSS is almost 30 kg. But, the structure mass budget, α, in this case is almost 30% of the 

satellite total mass while the available payload mass budget, β, is 25% of the satellite total 

mass. As the satellite total mass and available mass for the unknown payload are conflictive 

objectives in order to find a Pareto-optimal inside the DSS, a multiobjective GA optimization 

is conducted. Based on optimization results it can be concluded that selection of the satellite 

total mass in the range of 40-60 kg can be considered as an optimum approach for a 

university-class microsatellite project. The results of this chapter were published in the 

following journal article: 

o Ravanbakhsh, A., Franchini, S., 2012. Multiobjective optimization applied to 

structural sizing of low cost university-class microsatellite projects. Acta Astronautica, 

Volume 79, pp. 212-220. 

Microsatellites are becoming more and more interesting for different space applications due to 

their lower cost and shorter response time. Also, the high need for the remote sensing 

applications can be considered as a good market for the microsatellites. During the last two 

decades the industrial microsatellites have demonstrated a promising and reliable heritage for 

the remote sensing missions. Nevertheless considering the fast growth in the space 

components commercialization, the universities can consider such missions in their long term 
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research activities. Generally in the SS-Os LEO remote sensing missions, there are tight 

interrelations between different requirements such as orbital altitude, revisit time, mission 

cycle life and spatial resolution. So, developing of simple design sizing tool to enable the 

design team to perform fast and reliable trade off studies seems essential in order to set the 

design base lines closer to the optimum ones. This practice is being done by industries as 

well. A well-known example of applying such a practice in a large design environment 

compared to the university-class microsatellites is ESA (European Space Agency) CDF 

(Concurrent Design Facility). It is quite obvious that for university-class microsatellite project 

having or developing such a facility seems beyond the project capabilities. Nevertheless 

practicing concurrent engineering at any scale can be beneficiary for university-class 

microsatellite projects. A concurrent engineering practice has been done in chapter 4, 

considering remote sensing mission. A sizing tool for the different disciplines such as orbit, 

payload, and the bus of the satellite has been developed. Then, all of these design sizing tools 

are combined and an integrated sizing tool. The developed satellite system sizing tool 

provides an extended design space which contains both mission and system design variables. 

Design variables consist of four mission variables as well as two system variables. The 

mission variables include ML, RT, tPL and GSD. The system level variables are representative 

for the technology choices in selection of solar cells between Si and Ga-As and battery cells 

between Ni-Cd, Ni-H2 and Li-Ion. The effect of different design variables in their appropriate 

and practical variation range has been studied. The result of the integrated sizing tool can give 

useful insight to the design team at the early stages of the design.  The results of this chapter 

were partially published in the conference proceeding: 

o Ravanbakhsh, A., Franchini, S., 2013. System Engineering Approach to Initial Design 

of LEO Remote Sensing Missions. in:  proceedings of 6
th

 International Conference on 

Recent Advances in Space Technologies RAST 2013, June 2013, Istanbul, Turkey. 

Besides the concurrent engineering discipline is being practiced successfully in the last 

decade, the MDO (Multidisciplinary Design Optimization) methodology appeared from late 

1990s and seems to be an appropriate tool to formulate the complex problems with highly 

interacting engineering disciplines for an objective oriented design. Application of MDO 

methodology not only involves concurrent engineering practice to some extends, but also  can 

reveal the optimum design baselines considering a defined objective function such as the 

maximum satellite performance or the minimum satellite total mass. MDO methodology can 

cover different levels of the project which may result to an important paradigm shift which in 

the typical satellite design phase. In other words, MDO with provision of a systematic 

approach and also objective oriented design enables the design team to know more and more 

about the design prior to the design freezing phases which the majority of the project cost has 

been already committed and any further modifications mean high cost. 
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In chapter 5, a simple MDO framework has been applied to the satellite system design sizing 

tool for a remote sensing microsatellite. The adaptation of the objective function to GA was 

done using appropriate penalty function as well as initial populations. The MDO framework 

was concluded by single objective design optimization considering minimum satellite total 

mass. The results of the GA optimization based on the three different initial populations are 

presented. An acceptable robustness of the objective function toward initial populations can 

be concluded from the obtained results. According to the obtained results, one can obtain 

useful system level information about the interaction of different design disciplines. Even 

though the performance parameters such as number of access to the remote sensing area and 

the ground sample distance were not considered in the system level optimization chain, but 

application of MDO provides such data. It can be concluded that application of MDO is very 

useful because it gives an objective oriented approach to the design. By applying MDO 

methodology and formulating the satellite system design problem as an objective oriented 

problem, the complex interactions between the different design variables form different 

design disciplines can be understood.  

Although in the preset thesis there are some areas which can be improved in the future, the 

main two objectives of the work are concluded to be accomplished. The first objective was 

developing a satellite structural sizing tool considering the constraints of the university-class 

microsatellite projects. This sizing tool has been developed based on the analytical formulas. 

In order to search for the optimum design baselines like minimum total mass and maximum 

available mass for unknown payloads, a multiobjective optimization is applied to this 

structural sizing tool. The obtained results are very useful for the university-class projects 

with unknown payloads. The second objective of the work was MDO application to the 

microsatellite project with remote sensing mission. To do this, the detailed design of the 

different satellite subsystems like electrical power and payload which both are influenced are 

considered. A simple MDO frame work is applied to remote sensing satellite system design. 

The results provide a very good insight to the interaction of different design parameters from 

different disciplines.  

Finally, the main contribution of this thesis can be summarized in two outcomes. Firstly, the 

classical design approach for the satellite design which usually starts with the mission and 

payload definition is not necessarily the best approach for all of the satellite projects. The 

university-class microsatellite is an example for such projects. To this end, developing 

customized and reliable sizing tools for early design phase trade-off studies is promising. This 

leads to establish the design baselines as optimum as possible during the conceptual design 

phase even though there is not an exact definition about the satellite payload(s). According to 

the results the satellite total mass and available mass for the unknown payload are conflictive 

objectives. In order to find the Pareto-optimal a multiobjective GA optimization is conducted. 

Based on the optimization results it is concluded that selecting of the satellite total mass in the 
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range of 40-60 kg can be considered as an optimum approach for a university-class 

microsatellite project with unknown payload(s). Secondly, the microsatellite platforms with 

their unique characteristics are becoming reliable competitors for the conventional bigger 

satellites in space applications like remote sensing. For considering such missions for 

university-class microsatellites a reliable feasibility study can be achieved only if there is 

structured design approach. The results of the present work demonstrate that the MDO 

methodology seems very promising to provide such structured conceptual design environment 

and returns very useful insight to the unclear interactions of different design variables from 

the different satellite design disciplines. 

6.1 Future works 

According to the obtained results in different sections of the thesis the following areas can be 

considered for potential further work: 

Structural design 

 Considering different satellite configurations and different structural elements and 

materials.  

Remote sensing satellite system design  

 Considering detailed design of more satellite subsystems especially Attitude 

Determination and Control, Telecommunication, Thermal control and Command and 

Data Handling. 

 Considering Ground Station requirements and its effects on the satellite 

system/subsystems design. 

 Considering different mission scenarios such as regional imaging. 

 Considering more remote sensing reference payloads which make the mission scenario 

flexible. 

 Considering cost estimation relationships. 

In general, including the detailed the design of different subsystem in order to obtain more 

complex and representative satellite system sizing tool. 

Optimization  

 Application of other optimization techniques like classical optimizations, 

decomposition or Taguchi method. 
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 Linking the GA to other optimization methods and crating a hybrid optimization chain 

in case of applicability. 

 Identification of conflicting but practical and meaningful design objectives by 

application of multiobjective optimization and obtaining Pareto optimality. 

 Perform individual optimization at subsystem level to the possible extend prior to the 

integration of the subsystem sizing tool to the system design tool. 

Real case studies 

 Perform similar case studies with other concurrent design software like ESA CDF. 
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Appendix A:                          

MATLAB genetic algorithm toolbox 

In this section an introduction is given to the GA tool box of MATLAB [46]. There are two 

ways in order to use this tool box, one is using an m.file with all appropriate commands and 

the other is using the tool box interface which can be considered more user friendly. In Fig. 

A.1  the view of the MATLAB GA tool box is shown and its different sections are indicated. 

 

 

 

Figure A.1: MATLAB GA toolbox schematic. 
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Different settings of the GA tool box can be explained as below: 

 

 Fitness function 

The first task before using the GA toolbox is making the objective function that is going to be 

to minimized. It should be written in a way that the output is the quantity which is desired to 

be minimized. 

 

 Number of variables 

The number of independent variables which are in the fitness function are defined. 

 

 Constraints 

According to the meaningful design search space boundaries, the different kind of constraints 

as linear equality, linear inequality, bounds and nonlinear constraints can be introduced. 

 

 Start and stop commands 

There are three options: start, pause and start in this section. The important point is that after 

using pause the GA toolbox operators can be changed in order to give more convergence to 

problem.  

 

 Operators 

 Population 

o Population type: Specifies the type of the input to the fitness function. 

o Population size: Specifies the number of population in each step. The population size 

should always be greater or equal to the number of variables. In fact, in each step the 

algorithm selects a population with this size and among this population again selects 

based on the other operators. Choosing a high number of populations will cause to 

increase the time of the process which is a negative point for evolutionary algorithms. 
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o Creation function: This function is considered to be uniform by default and in this 

project because there is no special consideration about the population structure, the 

uniform function is used. 

o Initial population: This part is an optional choice and its proper definition helps the 

problem solution process to be fast. 

o Initial score: This part is an optional choice and it is useful when there is a desire to 

give different scores to some specific population.  

o Initial range: In this section the initial range for guessing the population is 

determined and it is optional. In case of not defining the initial range the program will 

refer to constraints of the problem. 

 

 Fitness scaling 

Converts raw fitness scores returned by the fitness function to values in a range that is 

suitable for the selection function. 

 Selection 

Selects the next generation based on the fitness scale of the previous parents. 

 Reproduction 

The options in this part determine how the genetic algorithm creates children at each 

new generation. 

 

 Mutation 

Its functions make small random changes in the individuals in the population, which 

provide genetic diversity and enable the genetic algorithm to search a broader space. 

 Crossover  

Combines two individuals, or parents, to form a new individual, or child, for the next 

generation. 

 Migration 

It can be referred as the movement of individuals between subpopulations, which the 

algorithm creates if you set Population size to be a vector of length greater than 1. 

Every so often, the best individuals from one subpopulation replace the worst 

individuals in another subpopulation. 

 Algorithm settings 

Defines algorithmic-specific parameters. Initial penalty specifies an initial value to be 

used by the algorithm. 

 Hybrid function 

Provides the capability to specify another minimization function that runs after the 

genetic algorithm terminates. 

 Stopping criteria 

Determines what causes the algorithm to terminate. 
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 Plot functions 

Provides the facility to plot various aspects of the genetic algorithm as it is executing. 

Each one draws in a separate axis on the display window. Use the Stop button on the 

window to interrupt a running process. 

 


